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1. INTRODUCTION 
This report is submitted in compliance with Contract NAS5-11608, dated 9/17/68, 
Applications Technology Satellites (ATS) F & G Phases B and C. It represents a summary 
of the final design as of 3 December 1969. Additional in-depth technical material listed 
in Table 1-1 has been previously submitted to NASA-GSFCand forms a complete 
documentation of the Phase B & C activity. Additional technical effort is in process, 
directed by NASA-GSFC under Holding Period funding. Results will be documented and 
forwarded under a separate cover. 
Table 1-1. Additional ATS F & G Technical Material 
1. ATS F & G Phase D Proposal - Book 1 - Technical 
Volume I TE CHNICAL PROPOSAL 
Structure 
Thermal 
Controls 
Propulsion 
Power 
Transponder 
Telemetry and Command 
Reflector 
Feed 
Harness 
Interferometer 
Radio Beacon 
COGGS 
Experiment Support 
I1 TEST AND EVALUATION (Including AGE acd BTE) 
111 RELIABILITY AND QUALITY ASSIJRANCE 
lV LAUNCH AND ATSOCC SUPPORT 
V FACILITIES (Manufacturing, Test and Environmental) 
VlII MANUFACTURING PLAN 
2. Response to GSFC Written Questions 
Written answers - 17 Oct. 1969 
- 21 Oct. 1969 
- 3 NOV. 1969 
3. Response to GSFC Oral Questions 
Oral Anw.vers - 21 0d. 1963 
Transcript 
4. Design Change Summary - 3 Nov. 1969 
(Transmitted with written answer a s  Section 4). 
5. Phase B/C Deliverables 
Specs and drawings delivered 17 Oct. 1969 
Dynamics Analysis Report 17 July 1'369 
Thermal Analysis Report 17 July 1969 
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2.1 SYSTEM SUMMARY 
2.1.1 THE ATS F&G SYSTEM 
ATS F, the sixth in a contiiluing series of Applications Technology Satellites will orbit the 
largest and most diversified package of scientific experiments to  date. These experiments are both 
outgrowths of investigations conducted on the earlier ATS vehicles and forerunners of payloads to 
be flown on later operational satellites. 
The objectives of the ATS-F mission are: 
Denronstrate feasibility of a 30-foot deployable spacecraft antenna with good RF 
performance up to 10 GHz. 
Provide spacecraft fine pointing (0.1 degree) and slewing (1 7.5 degrees in 30 minates). 
Demonstrate precision interferometer attitude measuring technology for closed loop servo 
performance. 
Demonstrate capability of forming hi-gain, steerable antenna beams. 
Demonstrate capability of providing RF links frcm ground to ATS-F to low orbiting 
spacecraft and return. Both approaches, Z-axis tracking of one low orbit spacecraft, and 
steerable antenna beams t o  track two low orbiting spacecraft, shall be demonstrated. If 
cost is a factor in demonstrating the two sprrcecraft link, only one need be a real working 
link. 
Provide a communications subsystem for PLACE, Data Relay, and ITV experiments. 
Provide oriented stable spacecraft at synchronous altitude for experiments to be selected 
through the Space Science and Applications Steering Committee. 
DEFINED EXPERIMENTS 
' 
EXPERIMEWT 
Data Relay t% and S-Rands) 
P U C E  (X and L-Bnndsl 
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Time and Frcquenc) Disperslm 
Mllllmeler Wave 
Radio Reacon 
h ~ e r  
Comnandlble Cravlly G r d l e n l  
System (COCGS) 
S p c e c r p h  ANade Maneuvering 
Optimal Control, and Self-Adwllve 
Precision Pointlng AtUbIde Control 
Hlgh Resolullun Camera 
mapping ID 5 N. mllea 
Package partlcle densllles and radlallon- 
PI'BF'WE 
L M g  duration. real-time con~munlcnticm 
wlth Icw-alt!tude satellites (Ntml~ua. 
A p ~ l l t  !
A l r  traffic r m t m l  
- 
tnstnrcl1~mal TV dlslril~uli~m 
Measure inlcrference m COMSAT !#an1 
- 
Propagallon experiment 
Mea~ursment  of atmoapherlc ellects an 
K-band cornmunfc~tlons IinLe 
Measure ~onospherlc effects on rndlo f re -  
qumcg transmls8lonn 
Checkout of S/C-to- round and 
S!C-to-S/C IR communication 
Ilnka 
Demonslrat~on 01 hybrid controls 
plus proputstan backup 
Optlmum conlrol for  l t t i l d e  
maneuvers; self-dapllve alum& 
coclrol 
Meteorolqlcal rnappln~ to 
1 N. mlle 


2.1 SYSTEM SUMMARY 
2.1.2 MISSION OBJECTIVE CONSIDERATIONS 
The mission objectives and the experiments defined for the mission establish the major 
fi~nctional reiluirements for the spacecraft system design. 
I
Extensive engineering analyses and design trade-offs have been conducted to provide a system 
design which optimally satisfies the broad mix of mission/experiment constraints. The table on the 
right was prepared to illustrate the impact of each objective on the reqitirernents for each major 
system element. Because of the diversity of experiments, some of the constraints presented are 
conflicting. For example, the multiple requirement for earth viewing conflicts with the low RF 
blockage associated with high gain antenna performance. Some of the more significant influences 
are presented in the following pararaphs. 
Configuration-The 30-foot reflector with its fixed feed dominates the spacecraft configura- 
tion. The earth viewing module is sized to satisfy the need for minimal RF blockage while 
maintaining adequate space and volume for the size and fields of view of the experiments and 
equipment. In particular, the base length of the interferometer and the size of the laser and 
radiometer establish minimum aimensions for the experiment section of the EVM. The 
requirements of sufficient stiffness to minimize servo elastic interactions and alignments 
maintenance infer direct clean load paths for the primary structure. The solar array location 
and configuration are defined to minimize interference with space viewing experiments and 
eliminate RF blockage while minimizing array shadowing and solar pressure disturbance 
torques. 
Communication System-The high frequency performance goal, in the presence of the 
solar/thermal environment and the servo elastic coupling considerations, establish the primary 
structural requirements of the 30-foot reflector. The numerous experiment requirements lead 
to a multifrequency, multirnode, integrated antenna and transponder. To achieve the required 
antenna performance, including both high gain and minimum pointing :ass, X-Band, S-Band 
and UHF feeds should be coaxially located at the antenna focal point with monopulse 
provided at X-Band a ~ d  S-Band for the accurate pointing aqd Data Relay experiment. For the 
PLACE experiment two selectable beams (a fan beam for broad coverage and a pencil beam 
for high gain) are desired. An independent receive and transmit scan switching is effective in 
demonstrating beam steering and two satellite tracking using h switchable S-Band array. 
Spacecraft Housekeeping Subsystem-The experiment mix and the wide range of operating 
requirements indicates the need for flexibility. The telemetry and command subsystem must 
provide discrete. magnitude, a ~ d  tone commands and the ability to process a vaciable mix of 
analog and digital telemetry data. Additionally, the telemetry transmitter has the dual 
function of accepting coded data from the EME experiment package as well as from the 
Central Encoders. The four-hour operation of tlie ITV experiment sets the design point for 
the power subsystem. A semi-passive thermal control using louvers and heat pipe!; is necessary 
to accommodate the varying experiment loads. 
Operations-Operational considerations reflect ground test and flight test support of the 
system design. The deployment of the parabolic reflector and solar arrays under one and zero 
"g" loads is an important consideration in the str~ctural and ACE design. Minimumization of 
side lobes to reduce interferenc r with terrestial 1tF traffic requires careful system design and 
full scale testing to optimize RF feeds. Spacecraft ope?, tion must be incorporated ~ n t o  the 
design early to reduce excessive computations which would unnecessarily buiden the ground 
control centers. The variety and depth of experimental communications must be paralleled 
with an expansion of ground termina! facilities. 
The spacecraft and subsystem requirements which have resulted from these functional 
relationships are considered further in Section 2.1.6 in terms of predicted system performance and 
in Section 2.2 which is a summary of the system analyses and trade-offs conducted during Phase B 
and C to optimize the proposed spacecraft system design. 
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2.1 SYSTEM SUMMARY 
2.1.3 SYSTEM DESCRIPTION 
2.1.3.1 MISSION PROFILE 
The Titan IIIC Launch Vehicle inserts ATS F&G into synchronous G 3it within line of sight 
of the ATS Ground Stations and at an optimum longikde for initial checkout of the spacecraft 
systems. The launch window is only limited by on board battery power. 
LAUNCH SEQUENCE 
The ATSF will be launched in Feb~aIy,  1972 from pad 40 of ETR. The batteries arr, capable 
of supporting the spacecraft prior to launch for 4.5 hours which includes a 2.5 hour hold. The 
optimum drily hunch window extends from 2:40 AM to 5:10 AM EST and is established by the 
synchronous orbit attitude acquisition event in which rolI and pitch attitude seaoing is switched to 
the earth sensor at satellite high noon. Although this event is not critical (solar array illumination is 
an earlier mnt), orbital insertion later than satellite noon could result in approximately a 24-hour 
delay in a d h h g  full attitude acquisition. The fm below depicts the mission sequence of evcn3 
fiom hunch through station location. 
ACQUISITION SEQUENCE 
After separation and initial rate nulling, the sun is acquired by the spacecraft roll and pitch 
sun sensors. The yaw axis is rate nulled and the negative yaw axis is pointed to the sun. The control 
thrusters are disabled and the spzcecraft is deployed to its orbital conf~guration through ground 
9rrrcpulSna 
T . l H R . 6 W R  
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Figure 2.1.3.1 - 1 . Mission Profde 
commanded acticns. Upon completion of deployment the control system is enabled and the sun is 
nacquircd. Around satellite high noon. the earth's disc intersects the primary earth sensor's field of 
view. Upon ground determination of earth presence, roll and pitch attitude sensing is switched to 
the earth sensor and yaw to an analog sun sensor. The spacecraft positive yaw axis tracks the local 
vertical a d  shortly thereafter the negative roll axis is oriented relative to the sun. About satellite 
6:00 PM, the sun enters the field of view of a yaw digital sun sensor and the presence of this signal 
switches yaw attitude sensing to the digital sensor. A ground commanded bias is inserted in the yaw 
control loop to compensate for inclination of the ecliptic plane to the orbital plane. At this time, 
the star Polaris is in the field of view of the Polaris sensor located on the negative pitch axis. After 
the sensor acquires Polaris, a ground check is performed to confirm Polaris and upon positive 
confiat ion,  yaw attitude sensing is switched to the Polaris sensor. This completes the spacecraft 
orientation sequence. However, the experiments will not begin until after one additional day of 
checkout. 
OPERATIONAL SEQUENCE 
After injection into synchronous orbit, 3 station locatior~s are required to conduct the 
experiments. The locations are dependent upon the ground station coverage and desired beam 
coverages for the specific experiments. The table below relates experiment events to the three 
locations. Note that many experiments are conducted at more than one location. 
The spacecraft injection point of 93 degrees W longitude is ideal for operation over the United 
States. .4t this position, all experiments can be operated effectively except for PLACE, TRUST and 
Commandable Gravity Gradient. The figure at the right shows the visible ground stations for all 
spacecraft locations. 
PL.4CE experiment locations are chosen to maintain both Mojave and Shannon within the 
ground station elevation limits. Both locations overlap in coverage between 56 degrees W 
and 58.1 degrees W longitude. Selection of 57 degrees W longitude places the spacecraft 
within the most eastward location, 56 degrees W for Mojave, and the most westward 
location, 58.1 degrees W for Shannon operations. 
Table 2.1.3.1 -1 .  Operation Squence (On-Orbit) 
General  
Mission 
Sequence/ 
P h a s e  & 
T i m e  Location 
Phase  (I) 
0 to  270 Days 9 3  "W 
Phase  (2) r pos i t ion  
2 7 0 t o 2 9 5 r ) a y s  9 3 " W t o 5 i 0 W  
Phase  (3) 
295 to 313 Days 57'W 
Pbase  (4) Reposition 
315 to 365 Days 5i 'W t o  l 5 ' E  
Phase  (5 )  
365 to 730 Days 15"E 
X - Indicates experiment t o  be  placed in operation 
(1) - Only when Europe o r  C'.S. in view 
(2) - Only when U.S. 'n  vie\+ - 
- fi 
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The TRUST experiment is intended for operation with India. The most westward coverage 
from India for the minimum elevation is 15 degrees E longitude which is well within the 
allowable spacecraft location range for a ground station in West Germany. On this basis it 
has been tentatively selected as the operating location. 
Data Relay is demonstrated at any of the synchronous locations. 
The COGGS experiment is delayed until the end of the mission because of its possible 
effects on system performance. 
Table 2.1.3.1-2. Spacecraft Viewing Range 
um' 
I @ORBIT& INCUNATION 
Spacecraft longitude will be corrected approximately once per month in order to  maintain * 
0.1 degree longitude accuracy. Ephemeris will be provided via ground tracking. Inclination errors 
can be minimized by biasing the injection point to minimize inclination error build-up. North-South 
stationkeeping will only be demonstrated during the f i s t  month of the mission requiring 
approximately five orbital corrections. 
MOJAVE 
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COOBY CREEK 
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2.1 SYSTEM SUMMARY 
2.1.3 SYSTEM DESCRIPTION 
2.1.3.2 CONFIGURATION 
The ATS F&G Spacecraft configuration has been developed to provide compatability with 
experiment reiluirements while main- efficient structural geometry with sirnple stowage and 
deployment concepts. 
Launch Configuration & Deployment 
The spacecraft launch configuration is illustrated in Figure 2.1.3.2-1. The eight member 
adapter truss interfaces with the Titan 111-C at the light-payload eight attachment points and at a 
four point attachment to the spacecraft. The single spacecraft equipment module (EVM) is partially 
buried within the adapter to minimize the 
launch height and to locate the experiments out 
of the primary load path. The fixed feed support 
t w s  (X-Frame) has been selected over alternate 
eupport concepts for its significantly lower weight 
and acceptable R F  performance. The feed truss 
is closed out at its upper end by a box ring which 
supports the reflector, non-earth viewing experi- 
ments and the solar array support cross-over 
structure. The reflector is stowed during launch 
in a torus. 
The solar mays and support arms are 
folded down to form a closed box structure 
around the EVM. The edges of the two solar - n-f-TL- 
panels are attached through explosive nuts, 1 - I 
under a pre-load which forces the panel mid- 
points against elastic stops, mounted on the 
EVM, and restrains the upper and lower corners 
of the panels. The pre-load is selected to Figure 2.1.3.2-1. Launch Configuration 
preclude solar panel separation from its restrain- 
ing mounts. In this manner, the solar array box 
structure and support booms act in concert under launch loading as a highly damped elastically 
restrained body. 
Hydrazine station keeping thrusters are located on the feed support truss (two 3 thruster modules 
attached to the East and West X Frame tubes) at the orbital CM and almost two feet above the 
stowed solar arrays. In addition to their stationkeeping and translation mode of operation, they 
are used for initial sun acquisition, after L/V separation and ~ r i o r  to solar arrav deployment. 
Con?inuous telemetry and command coverage is provided after fairing separation by four 
antenna whips, fed in phase quadrature, located 01, the lower section of the EVM. After 
deployment of the 30 foot reflector, the pattern from these antennas is more directional, the 
increased gain is advantageous to the EME data transmission. In orbit the broader telemetry and 
command coverage desired is provided by the two whip antennas mounted on the south solar array. 
The spacecraft deployment sequences are illustrated on the adjacent page (Figure 2.1.3.2-2). 
Each event is separately commanded. The received command is telemetered to the ground station 
for verification and upon reception of an execute tone the command is implemented. Telemetered 
digital flags are used to indicate that the command was executed. Inadvertent commanding of 
mission critical events is prevented by an on-board separation controller which provides a lock out 
function. 

Orbital Configuration 
The spacecraft orbital configuration presented in Figure 2.1.3.2-3 features the deployed 48 
rib 30-foot "flex-rib" parabolic reflector and thc Qeployed solar arrays. The reflector, an adaptation 
of prime hardware developed by LMSC, has undergone maor design and testing during Phase C 
under a GE subcontract. The objective of this pctivity was to verify the fixed hub deployment, 
optimize rib and mesh parameters and to determine the susceptibility of the mesh to worst case 
environments. 
The so la r  a r rays  are deployed beyond the reflector to minimize a r ray  shadowlng, and form an X 
configuration as viewed in the orbit  plane. The.flat panel X configuration (with cells on both sides) 
having the hooms deployed 90' up from the launch position was selected since its aingle stage boom 
deployment (with completely redundant actuators) is the most simple and reliable and lowest in  cost  
for a l l  a r ray  configurations evaluated. The 
EVM i s  made up of an octagonal upper 
section. The transition from octagonal to 
square was selected to provide separation 
clearance between the experiment section 
and the adapter and to provide mounting for  
the larger experiments. The presently de- 
fined equipment and experiments in addition 
to the NASA-GSFC defined growth to 2500 
pounds sized the EVM. Approximately 70 
percent of the total spacecraft weight is in 
WHEEL UNLMMNG - the EVM. Primary concern is the direct TWRUSTERS N . E . S ~ W  
tranemiesion of this load to the booster I a t  WIENNAS 
in order to maximize structural efficiency 4 PLACES 
and minimize amplification of launch 
dynamics to sensitive equipment. 
Attitude control thruster locations are 
illustrated in Figure 2. I .3.1-3. Hydrazine Figure 2.1.3.2-3. Orbital Configuration 
thrusters  are contained in a 
common module at the four locations. All of the on the spacecraft have been oriented 
sucn that their plumes are directed away from to eliminate momentum interchange 
and contamination. Heaters are provided on thruster lines to pre-warm the 
hydrazine prior to use. 
The illustrations on the adjacent page (Figure 2.1.3.2-4) present the general arrangement of 
the spacecraft, modular subassemblies and the location an3 installation of equipment. The ei@t 
peripheral bays and the center well of the upper section of the EVM contain the spacecraft 
equipment. The removable panels are arranged to group the components of each subsystemon a 
panel o r  on adjacent panels to minimize the length and complexity of electrical harnesses and to 
allow parallel assembly of subsystems. The subsystem components are  mounted to the panels. The 
harness is installed and the panel is  functionally tested prior to installation with the spacecraft. High 
heat dissipating components have been located on north and south radiating panels for most efficient 
heat rejection. Louver assemblies are  bolted on to the north-south surfaces to accommodate the 
range in operational heat dissipation. The panels can be swung open on a removable AGE bolt-on 
hinge fitting, for access to the panel mounted components and the inner well. Harnesses are  
configured to permit panel opening without having to disconnect, except for complete removal of 
the pane! assembly. 
Specific components with relatively low heat dissipation are mounted to the inner well 
bulkhead located at the spacecraft separation plane. The three momentum wheels are assembled and 
prealigned on an orthogonal mount and installed in the center well as an integral unit. 
The feed assembly is installed in the upper center well of the EVM and is attached to the 
upper bulkhead by four fittings. The fittings provide axial and lateral adjustments for alignment. 


Experiment Fielda of View 
The figures to the left illustrate 
the spacecraft's basic compatibility 
with the defined fields of view of the 
experiments. The EME FOV's indl- 
cated arc  more restrictive than that 
specified in the RFP. They are  based 
on discus~ions with NASA/GSFC 
early in August and represent the 
potential EME configuration, Onlv 
the University of Minnesota (L! of Minn. ). 
University of California - San Diem 
(UCSD) and McDonnell Douglass experi- 
ments of the EME are illustrated. The 
l1CSD experiment has a 20 degree 
conical FOV which is scanned 2 111' 
North and South. It is  limited to 97.5O 
N & 105.5' S by the solar arrays. The 
U of Minn. laterial 2 90' scan i s  limited 
to 74OS by the South solar array. The 
McDonneli Douglas experiment has a 
sensor which requires a 40 degree 
conica: FOV viewing North. This 
sensor i s  blocked by the North sular 
array. All of the other EME sensors 
and experiments have a clear FOV. 
The laser experiment and the 
Polaris tracker, located on the North 
side of the spacecraft, have a com- 
pletely clear FOV. The radiometer 
FOV intersects the lower corner of 
the South solar array as illustrated 
on the lower figure. The radiometer 
view incidence angle to the array 
surface is 55O giving a combined 
edge-on and face-on view. This is 
estimated to result in a detector tem- 
perature rise of 32OKA.r. If 
the radiometer detector cannot tolerate 
this additional AT, the view factor can 
be reduced by local reconfiguration of 
the radiometer sun shield. 
2.1 SYSTEM SUMMARY 
2.1.3 W E M  DESCRIPTION 
2.1.3.3 SYSTEM FUNCTIONAL RELATIONSHIPS 
The functional relationship between the ATS F&G subsystems is designed to provide 
maximum mission flexibility and performance. 
The overall system is comprised of six main electrical/electro-mechanical subsystems; 
communications which includes the trat.. poni?er, feed and antenna subsystems, attitude control, 
propulsion, telemetry and command, expailrents and power as shown in the facing diagram. This 
simplified block diagram delineates, in a*:w.usible form, the main functional elements within each 
subsystem. 
Table 2.1.3.3-1. Fut:ctiod Relationships 
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2.1 SYSTEM SUMMARY 
2.1.3 SYSTEM DESCRIPTION 
2.1.3.4 SYSTEM PHYSICAL DESCRIPTION 
The presently defined spacecraft system has ample weight, power telemetry and command 
margin to support experiment and spacecraft growth. 
WEIGHT SUMMARY 
A detail weight summary of the spacecraft and defined experiments is presented in the table 
at the right. Weight estimates have been substantiated wherever possible by extrapolating from 
actual weights of equivalent flight hardware. The presently estimated launch weight (with 409 
pounds of experiments) is compatible with the NASA specified Titan IIIC launch capab~lity of 
2,050 pounds. Recent changes to the Titan IIIC Payload Users' Guide indicates a new baseline 
performance capability of 2,55 5 pounds to synchronous equatorial orbit for all standard Titan 
IIIC's from STC-7 on. These vehicles are planned for the same time period as the ATS-F mission. 
Allowing for payload peculiar launch vehicle equipment and the specified ascent trajectory, the 
payload capability should still exceed 2,400 pounds. A statistical look at many previous programs 
indicates that approximately 10 percent weight margin is required at this point in a program to 
accommodate normal deslgn growth. The margin that exists on this program is sufficient to 
accommodate this growth in addition to major experiment changes. The primary structure design is 
based on a total launch vehicle capability of 2,500 pounds. The assumed distribution of this 
additional mass is presented in the following table. The distribution is based on the volume and 
mounting area available at the spacecraft locations and an estimated increase in propellant, power, 
and experiment payloads. Additional experiments or a separable payload could be located in the 
science platform area. The growth capability which has been provided in this area results in a major 
impact on structural weight due to the high launch silhouette. 
Table 2.1.3.4-1. Mass Distribution for Structural Sizing 
SpacecraEt Zone 
Solar Array Booms & Panels 
Science Platform 
Parabolic Antenna 
X-Frame 
Equipment Section (EVM) 
Experiment Section (EVM) 
Adapter 
Totals 
1 
Structure Design Point 
(b) 
149.4 
230.4 
150.0 
43.0 
1142.9 
711.3 
73.0 
2500.0 
Increase Above Present  
Weight Estimate 
0.0 
50.0 
0.0 
0.0 
268.0 
244.7 
12.7 
576.0 
Table 2.1.3.4-2. ATS F&G Detail Weight Breakdown 
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The following table presents the spacecraft mass properties in the three operational 
conditions. This table emphasizes the excellent mass balancing which has occurred in the present 
cor~fmration packaging. This will be improved further in the Phase D design and eventually 
balanced to minimize CM offsets and cross products. 
Table 2.1.3.4-3. Spacecraft Mass Property Summary 
Table 2.1 -3.44. Experiment Power Requirements 
r- s,rrtU 
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Orhit Slode (Array 
Antenna qeploye4 
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2.1. (1 
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-0.3 
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POWER SUMMARY 
The power subsystem can nominally 
provide an average of 439 Watts at the time of 
summer soIstice after 2 years in orbit. The 
base load for spacecraft housekeeping is 83.8 
Watts, including a transponder base load of 
4.2 Watts, resulting in an average power of 
355 Watts available to the experiments under 
nominal end-of-life conditions. The nominal 
housekeeping load for the spacecraft is de- 
fined as having the following equipment on: 
Telemetry and Command Baseload; Trans- 
ponder Baseload; and Attitude Control (Prime 
Mode). The table at the left shows the power 
requirements for the spacecraft nominal 
housekeeping load and the power required for 
each experiment. A summary of the capabil- 
ity of the power subsystem is given in Section 
2.1.5. 
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Table 2.1.3.4-5. Spacecraft Housekeeping Baseload Power Requirements 
TELEMETRY AND COMMAND SUMMARY 
Telemetry channels are assigned to operate the spacecraft and to provide experiment data. 
Diagnostic measurements are avoided where no operational response or use is possible. Because 
"programmed" operation has been minimized in the spacecraft design, command functions are 
established to provide full step-by-step control. The telemetry and commmd schedules are broken 
down by subsystem in the table below. The total capability is also indicated which shows an 
allowable growth of approximately 15 percent. 
I 
Telemety and Command Baseload 
Central Encoder 
Remote Multiplexer 
b o d c r  
Remote Decoder 
VHF Receiver 
VHF Tranrmitler 
Pawer Canditiaaing Unit 
Tmnrparder Base l ad  
P h u e  Lock Receiver 
Frequency SynUlcaiwr 
A t t i M e  Control Baseload (Prime Mode) 
Earth Sensor (with Electronics) 
Pokr ia  Sensor (with Electronics) 
Operational Controller 
Momencum md J e t  Controller 
(Supplies Mownhlm Wheel Power) 
TOTA L 
Table 2.1.3.4-6. Channel Requirements Summary 
Opemtlonal 
(Watts) 
29.1 
4.2 
50.5 
83.8 Watts 
Component 
(Wattr) 
3. 6 
6 . 1  
6.0 
1.3 
1.0 
10.0 
1.0 
2 . 3  
1.9 
4.0 
9.0 
12.0 
26.5 
h u n c h  
(wart.) 
28.3 
4.2 
21.8 
- 
61.3 Watts 
Telemetry 
16 analog channels and 42 digital bits 
18 analog channels and 6ti digital bits 
2 analog channels and 7 2  digital bits 
26 analog channels and 6 digital bits 
40 analog channels and 142 digit.1 bita 
30 digital bits 
17 analog channels 
41 digital bits 
3 analog channels and 6 digital bits 
10 digilal bits 
92 analog channels and 91 digital blte 
214 analog channels and 5116 digital bits (or 
63 equivalent &bit digihl channels) 
Present format h w  320 telemetry word 
capability where 1 word equals 1 analog 
channel o r  8 dlgital bite 
Subsystem 
Pcwer 
Tnnsponder 
Telemetry and command 
Propulsion 
Control 
Feed 
Thermal 
Interferometer 
Radio beacon 
Contour measurement 
Experiments 
Total 
Capci ty  
Command 
7 h  diacr-tea 
160 discretes 
22 discretes 
(Par t  of control subsystem) 
i 7 discrete6 and 8 masnitudes 
and 7 tones 
5 discretea and 1 magnitude 
---- 
7 discretes 
8 discretes 
2 discretes 
105 discretes and 6 magnitudes 
4 64  disc^ etes and 15 mngnitudes 
and 7 tones 
512 discrete8 32 magnitudes 
7 tones 
2.1 SYSTEM SUMMARY 
2.1.4 COMMUNICATION SYSTF.M 
- - 
The communication subsystem is a multifrequency, multifunction payload providing a high 
degree of flexibility in attitude determination, and tracking, and support of the relay and on-board 
experiment complement while maintaining relatively uncompromised performance in each mode of 
operation. 
The communication subsystem consists of 
an integrated transponder, composite feed as- 
sembly, and 30-foot diameter reflector. Its rUIII COVcnW 
functions are signal reception and transmission, 
beam pointing and shaping, signal processing, 
and monopulse attitude error signal generation. 
c - U N D  
L-UNO WAN) 
Summarized in the tables below a r e  the I-UID 
primary reception and transmission modes, 
their users,  and their characterlstics, including 
---- L-UNO4D€CcILI 
a comparison between the GSFC and GE 
minimum specified G/T and ERP values. 
The relative beam patterns Figure 2.1.4-1. Antenna Pattern Beam Geometry 
Receive Mode I u s e r  
1 
X-Band 30-loot Dish Monopulse 
l a s e r  MMW. 
Data Rclay . 
ITV PLACE, 
MMW l a s e r .  
Table i. 1.4-1. Primat 
Nominal 
Fmjucncy 
(MIIZ) 
8150 
8280 
I Reference Polarization 
Linear  
r Reception Modes. 
1 Minimum C/T at Peak of Beam [ 
Antenna 
Beunridth 
A TS- I< 
S- land  on Axls Data nclay 2250 RC P 1.0 
M ~ n O p l l ~ c  
S-IJand Iland-Ovcr Ibta Itclay 2250 RCP - 
I I I 1 I I I I I 
Table 2.1.4-2. Primary Transmission Modes 
Point 
I.-hnd Pcncil l3c;lm 
I .-hnd Fan Bcam 
I1l.ACF: 
PIACE 
T r a ~ s m l t  Mode 
X-Band 30-foo: Dish 
X-Band Earth Cover- 
w e  
S- Band on Axis 
S-Band Hand-Over 
Point 
L-Band Pencil Beam 
L-Band Fan Beam 
U H F  
I I50 
1690 
User 
Laser 
MMW 
Data Relay 
PLACE, Camera 
MMW. Radiometer 
Laser. ATS-R 
Data Relay 
Data Relay 
PLACE 
PLACE 
ITV 
RCP 
RC P 
I 
Nominal 
Frequency 
(MHz) 
7350 
7575 
7650 
7350 
7575 
1650 
I800 
I800 
1550 
1550 
850 
1 . 3  
1x7.5 
Reference 
Polarization 
Linear 
Linear 
RCP 
RCP 
RC P 
IICP 
RCP 
! 
1.0 
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and positions at each frequency are indicated in Figure 2.1.4-1. Primary signal processing modes 
available are frequency translation, multiple access, and wideband FM modulation and demodula- 
tion. Monopulse error signals are derived a t  both X-Band and S-Band. The use of these and other 
functions are described below for each major operation mode. 
Data Relay - For this experiment the subsystem not only provides the basic two-way X-Band to  
SBand and S-Band t o  X-Band frequency translaticn relay capability, with communication at 
X-Band and S-Band using the earth coverage horn and the 30-foot dish, respectively, but also: 
Turn-around at X-Band of the uplink X-Band signal to allow direct measurement of the 
ATS spacczrafi-to-ground-station components of range and range-rate during a low- 
altitude-satellite (LAS) tracking experiment. 
A switchable S-Band array feed that allows an in-orbit evaluation of nearly all aspects of 
importance in the implementation of an operational data relay satellite system utilizing a 
solid-coverage switched-beam array for communication with multiple low altitude 
satellites. 
Key elements of the experiment provided by the array feed are: 
An on-axis beam which, when used with dynamic spacecraft beam pointing, provides 
maximum link performance for evaluation of the LAS tracking and communication 
experiments. 
On-axis monopulse capability simultaneous with relay functions for on-board closed-loop 
dynamic beam pointing. 
Extended off-axis coverage for evaluation of gain loss as a function of coverage. 
Independent receive and transmit beam switching for simultaneous communication with 
two satellites. 
Monopulse at each beam position for evaluation of the beam-selection process for 
switched-beam tracking of an LAS. 
Orthogonal switchable beam array legs, which, when combined with spacecraft dynamic 
tracking, provide extended o~portunity for simultaneous two-satellite coverage. 
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Figure 2.1.4;. Nimbus and Apollo Simultaneous S-Band Viewing 
The technique used for simultaneous two-satellite tracking and the available experiment time are 
indicated in Figure 2.1.4-2. As illustrated, one satellite is tracked in pitch and the other in roll, 
thereby maintaining each satellite within the array coverage zone when permitted by the relative 
geometry of the satellites within their orbits. The frequency with which permissible geometry is 
available is indicated by the curve showing the number of occurrences within an eighteen-day period 
that the duration of simultaneous two-satellite coverage can exceed a given value. For example, it 
shows thirty opportunities for simultaneous coverage over periods of twelve minutes or longer. 
PLACE - This experiment requires the multiple 
-
access capability from X-Band t o  L-Band and NEW YORC, 
L-Band to X-Band for two-way tracking and 
communication between multiple aircraft and (BEYOND HORlZOkl 
ground stations. All mixing frequencies are 
coherent with the received X-Band carrier. Sig- 
nal transmission and reception between the 
spacecraft and ground stations take place at 
X-Band through the earth coverage antenna; 
betweell the spacecraft and aircraft they take 
place at L-Band through the 30-foot antenna. 
Two L-Band beam patterns are provided, a fan 
beam with coverage (1 degree by 7.5 degrees) Figure 2.1.4-3. PLACE Coverage-93 Degrees W 
similar to  that required for an operational 
navigational spacecraft system, and a pencil 
beam for greater receiveltransmit performance GAN 
to extend the performance range over which the 
experiment can be evaluated. The fan beam 
provides the typical coverage shown in figures at 
right for spacecraft longitudes of 93 degrees W, 
15 degrees E, and an intermediate location, 57 
degrees W, more nearly suited to the desired 
coverage of the North Atlantic Corridor. 
Tracking and Attitude Determination Func- 
tions--These functions, other than X-Band and 
- 
Figure 2.1.4-4. PLACE Coverage- 15 Degrees E 
S-Band monopulse mentioned previously are: 
CW X-Band beacon transmission for 
spacecraft acquisition and angle track- 
ing by the ground station. 
X-Band to X-Band relay of ranging 
(ATS-R) signals for determination of 
spacecraft range and range-rate relative 
to the ground station. 
RF signal amplification and X-Rand to  
IF frequency translation for signals 
processed by the Interferometer s u b  
system. 
LSUBSITELLITE POINT 157.w) 
Figure 2.1 4 5 .  PLACE Coverage-57 Degrees W 
ITV - For this experiment, the communication 
-
subsystem satisfies the basic requirement for 
X-Band to UHF TV signal relay using the earth 
coverage horn for reception and the 30-foot 
dish, (which gives UHF beam coverage of India 
as shown in the figure at the right) for transmis- 
sion. In addition, it provides capability for: 
TV signal reception through the 
3bfoot dish with simultaneous closed- 
loop beam pointing using monopulse 
error signals derived from the received 
signal on a non-interference basis. 
Simultaneous retransmission of the re- 
ceived TV signal at X-Band through the Figure 2.1.4-6. ITV Coverage- 1 5 Degrees E 
earth-coverage horn for signal moni- 
toring at the ATS ground station. 
Simultaneous X-Band to  X-Band spe- 
cial data link relay through the earth- 
coverage horn. 
Wideband Experiments - For the Millimeter Wave and Laser experiments, the subsystem provides 
reception and demodulation of wideband XBand FM signals for inputs to the experiment packages 
at baseband. An additional feature is the capability to simultaneously relay the received signal 
(either the I F  or baseband signal) back to  earth for comparison with the signals retransmitted by the 
experiment packages in the n~illimeter wave and infrared frequency bands. 
The subsystem elements used for retransmitting the above baseband signals as frequency 
modulated X-Band signals are also provided for retransmission of baseband signals obtained from 
the Laser, the Camera, and Radiometer experiment packages. Signal addition is also provided for 
the Camera and Radiometer signals for simultaneous transmission on a single downlink. 
RFI and TFD Experiments - The subsystem supports the Radio Frequency Interference (RFI) and 
Time and Frequency Dispersion (TFD) experiments by providing: 
C-Band feed with the 30-foot dish for reception over a 500 MHz frequency band used as 
the input to the RFI experiment package plus the transmitter and earth coverage horn for 
retransmission of the widebacd signal at X-Band. 
CW X-Band signal to the TFD package, where it is modulated, plus the X-Band transmitter 
and 30-foot dish for transmission of the wideband (up to 500 MHz) modulated signal to 
earth. 
2.1 SYSTEM SUMMARV 
2.1 .S SYSTEM PERFORMANCE 
The spacecraft design fulfills the mission objectives and known requirements for the 
successful operation of experiments over a period of two years. This is accomplished within the 
constraints of the launch vehicle capability, payload envelope and performance interactions. 
CONFIGURATION 
The estimated launch weight of the spacecraft is 1874. Opounds as compared to the GSFC 
specified launch capability of the Titan IIIC of 2050 pounds. The dynamic envelope of the 
spacecraft is fully within the fairing limits; the 35-foot fairing length could be reduced by 5 feet. In 
every case, the spacecraft frequencies are higher than those which may cause interaction with the 
transtage control system. 
The configuration provides the required housing and support for all components while 
~naintaining required fields of view (FOV) for sensors. A free spherical FOV for the analog sun 
sensors, a complete FOV in the plane of the orbit for the digital sun sensors and a minimum FOV of 
38 degrees for the Polaris sensor provides for unlimited solar acquisition and margin for all 
operations. Approximately 93 percent of spherical coverage is provided for the T&C antenna in 
both the launch and orbital configurations. Of prime importance is the provision for the specified 
FOV for the laser and radiometer coolers and with one minor exception the desired FOV for the 
many senscrrs which are a part of the EME pckage. 
The shutters provide controlled heat dissipation to limit the expected mounting 
temperatures of a l l  components i n  the equipment section except fo r  t ransmit ters  and tne 
structure to 68 5 18'~. Depending upon the mounting surfaces of the experiment packages, 
the termperature a t  the mounting panels can be maintained to 68 2 18'~. With low 
temperature differentials i n  the structure,  the sensor misalignments due to the distortion 
i n  the structure is less than 0.0056 dsgrees. The maximum acceleration in the 
experiment section due to qualification spacecraft t es t s  is 17 g longitudinally a t  45.8 Hz. 
Table 2.1 5 1 .  Communications Performance 
COMMUNICATIONS 
The combined integrated transponder, 
composite feed, and 30-foot parabolic reflec- 
tor subsystems provide a multifrequency, 
multi-mode con~munication subsystem for 
communication with ground stations, low 
altitude satellites and aircraft. The perform- 
ance of each link is shown in the table at the 
left. Two sets of performance data are shown 
for the X-Band link; the lower performance is 
obtained with an earth coverage antenna (20 
degrees coverage) and the higher performance 
using the 30-foot parabolic reflector. In the 
table, gains at the peak of beam are shown 
and the coverage is for the half power beam 
width. In addition to providing communica- 
tion links for the various experiments, telem- 
etry data can be cross-strapped to the X-Band 
link providing a backup to the telemetry 
subsystem. 
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Table 2.1.5-2. Attitude Control Performance 
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Table 2.1 5 3 .  Reliability 
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AITITUDE CONTROL 
The initial event of the acquisition sequence is the pointing of the spacecraft yaw axis to  the 
sun. The solar array can then be deployed and full array output obtained; the remainder of the 
acquisition sequence is not time critical. Thus, the launch time is not critical to  mission success. 
Operational stabilization and pointing, static or dynamic, can be accomplished by many 
combinations of sensor: and the use of thrusters or momentum wheels, and the acquisition or 
operational controller. The accuracies to which the spacecraft attitude can be controlled are shown 
in the table at the left for several of the possible control modes. The values shown are for the pitch 
and roll axes of the spacecraft unless the mode results in nulling the spacecraft yaw axis to  a given 
target location. The attitude accuracies provided by the design meet or exceed all specifications and 
experiment requirenients. 
PROPULSION 
Sufficient  propellant is provided for initial station acquisition, two station relocations, 
NorthSouth stationkeeping to  0.02 degrees of the initial inclination for otre month, East-West 
stationkeeping to 0.1 dtgees of the desired station location for two years, momentum exchange 
(wheel unlcadirig) for two years, six months operation using the thmsters for attitude control, 20 
reacquisitions and operation of the thrusters for attitude control experiments. The attitude control 
and stationkeeping thrusters can be operated by ground command for experiment operation or 
spacecraft control. For the SAMOC-SAPPSAC ~xperiment operation, the impulse can be predicted 
to between 3 and 5.4 percent dependent on the pulse length of between 0.1 and 1 second. 
POWER 
Starting at approximately 1 5 minutes after insertion into the transfer orbit, sufficient power 
is provided by the solar array fcr all operations except duiing eclipse and high peak load periods. 
The batteries (50 percent depth of discharge maximum) can support transfer of loads to the 
batteries two hours before the opening of a two and one half hour launch window even under the 
condition of failure of one battery at or following launch. 
The two curves to the left define the performance capability of the sut system during the two 
year operational life of the cpacecraft. The average power available at the end of two years for 
operation of experiments is approximately 320 Watts greater than the base load of 84 Watts even 
for the summer solstice conditions. This is sufficient power for simultaneous operation of all 
combinations of two experiments as defined by GSFC. The other curve shows that peak powers of 
500 Watts can be handled for at least one half hour. TRUST, EME, Radio Beacon, and Voice 
experiments (41 7.4 Watts) can be operated for four hours at the end of two years with a margin of 
approximately 1 00 Watts. 
TELEMETRY AND COMMAND 
The telemetry rates are 1760 bps for the EME data and 400 bps for other data. A total of 320 
equivalent 9 bit analog channels (8 bit digital) at sampling rates between 2.88 to 92.16 seconds are 
provided; 81 percent of these channels are presently allocated of which 39 percent are for 
experiments. The maximum expected error rates for all data is 1 x 
Discrete, magnitude, and tone command capability is provided-5 12 discretes, 32 magnitudes, 
anci 7 tones of which 4 can be simultaneous. The present allocation is 89 percent of the discrete 
commands and 40 percent of the magnitude commands of which 20 and 12 percent, respectively, 
are for experiments. The seven tones are provided for the SAMOC-SAPPSAC. 
RELIABILITY 
The table on the left i n d i c a ? ~ ~  the estimated reliability for the operation of the various 
experiments fo; the operaticg Lime shown. The subsystems which are required for operation of the 
experiment are also noted. 
2.1 SYSTEM S U M M A R Y  
2.1.6 MISSION SUCCESS 
- 
The spacecraft design includes extensive use of redundancy to enhance the probability of 
successfully acconlplishing the mission objectives. 
The probability of success for each of the major mission objectives was presented in Section 
2.1.5, System Performance. This Section presents the multiple use of block and functional 
redundancy which has been built into the system to assure the success of the mission. The t y ~ e  and 
extent of redundancy applied for each subsystem is based on the type of hardware used and the 
extent of usage of this hardware in performing the mission functions and experiments. In each case, 
the type of rcdundancv was selected which would provide compensation for the most prevalent 
failurc moaes. For example, block redundancy, i.e., paralleling sirniiar equipments, is used primarily 
for electronic equipment such as the integrated transponder where equipment failures are most 
likely to  be caused by random part failures. Howzver, functional redundancy, i-e., alternate backup 
modes using different hardware, is generally used for nonelectronic equipment such as the attitude 
control subsystem, where the likelihood of failure is usually dependent on the cumulative operating 
time. 
The overall spacecraft design also includes numerous oackup modes for essential mission 
functions which provide selective levels of performance at the discretion of the operations team. 
The hardware redundancy and backup modes associated with basic spacec: aft functions and 
experiments are summarized in matrix form in Figure 2.1.6-1. The horizontal axis of the matrix 
contains a listing of the mission events and experiments; and the vertical axis contains listing of 
hardware elements. The elements listed were selected to provide an effective indication of the type 
and extent of available redundancy and backup modes without listing all spacecraft components. 
The blocks in each column of the matrix identify tho- hareware elements essential for achieving 
the mission event or performing the experinlent a i d  the coding used within the block identifies the 
type of redundancy. 
In general, the elements for which no redundancy or backup modes are included are those 
which are required for no more than two experiments. The exceptions are the X-Band earth 
coverage antenna, the 30-foot parabolic antenna, and the data switch. 
X-BAND EARTH COVERAGE ANTENNA 
This antenna is a single h o n ~ .  Experience has shown that these devices are highly reliable and 
that the additior.31 complexity required to incorporate redundancy is not likely to improve its 
reliability. A backup for the EC antenna exists in the use of the interferometer antennas for 
receiving X-Band signals. 
PARABOLIC ANTENNA (3cFOOT) 
Redundancy is not appropriate for this element. 
DATA SWITCH 
This switch selects experiment signals at baseband for conversion and transmission at X-Band. 
A co,,lplete faiiure of the data switch would at most result in conlplete loss of 2 experiments 
(camera, radiometer) and partial loss of iwo other experin~ents (laser and millimeter wave 
communications mode). However, if a failure occurs, it is unlikely that it will affect all four 
experime2ts. 
The backup separation and deployment events which are not shown on Figure 2.1.6-1 have 
been designed for extremely high reliability through use of block redundant squibs for EED's simple 
highly reliable mechanisms, and conservative design margins. 



2.2 SYSTEM ANALYSIS A N D  TRADE-OFF 
2.2 SYSTEM ANALYSES AND TRADEaFFS 
The proposed spacecraft design has been evolved on the basis of analyses and trade-off studies 
to optimize its performance relative to the mission objectives and defined experiments. 
The system requirements originate from the seven mission objectives which are defined in 
Section 2.1, compatibility with the Titan llIC iaunch vehicle, and operational considerations such as 
station location and minimum inclination synchronous orbit. Analyses and trade-offs were made t o  
transfer the system requirements into subsystem performance requirements. This often required 
allocation between subsystems - pointing accuracy and RF beamwidth for low altitude satellite 
relay communications; sensor accuracy and alignment accuracy for fine pointing to  0.1 degree: RF 
losses between reflector characteristics, transponder design, feed design and EVM and K-Truss 
blockage. Other trade-offs, particularly with respect t o  the configuration, were made t o  provide 
adequate field of views for experiments, attitude sensors, telemetry and command antennas, 
thermal radiating area, and component packaging t o  ensure ihbt the subsystem performance 
requirements could be fulfdled. Another major area of andlyses was concerned with ensuring 
operational success of the mission; included in this ares are flig!!t dynamic analyses, reliability 
analyses, failure modes and effects analyses, and the operational compatibility of the Telemetry and 
Commana Subsystem and channel assignments. 
Table 2.2-1 to  the right, lists many of the analyses and trade-offs performed during Phase 
B&C. The interaction of each study with the seven mission objectives and the spacecraft subsystems 
are noted as well as a brief description of the primary result of the study. A proposal reference is 
provided for each of the items listed. Studies which affected only one subsystem and did not have a 
major impact on a mission objective as well as studies which did no: have a significant impact on the 
system design are not shown. It is interesting to note that the fine pointing and the oriented stable 
platform for space experiments mission objectives had the greatest impact on the spacecraft system 
while the demonstration of closed loop interferometer operation had the least impact. Similarily, 
the greatest interaction between the s: lem and subsystems was in the area of configuration, 
attitude control and communication. 
Also noted on the table are thirteen analyses and trade-offs which are summarized in the 
remainder of this section. These were selected as being typical of the studies performed and 
significant to  the final spacecraft design. The summaries illustrate the interaction of trades and 
studies with each ~ t h e t ,  the subsysrem designs. and the fulfillment of the mission requirements. 
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Minimum Dynamic Freq. Response Analyeis 
Coupled S/C - Launch Veh. Vibration Analysis 
Mounting Panel Dynamic Response Analysis 
Component Test Environment Analysis 
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Orbit Perturbation Analysis 
Error Analysis and Alignment 
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Table 2.2-1 
Primary Result 
Single body with K-truss antenna support 
Octagonal with buried experiment section; FOV compatibility 
Flat solar array; minimum solar torques; high peak power 
93% coverage lautlch and orbital; link margin for EME data 
"Drooped" array booms; FOV compatibility 
Components located on hub; FOV compatibility 
K-truss (alternate, dielectric ogive) 
Launch vehicle compatibility, structural launch loads determined 
Minimum structural frequency 0.75 Hz 
Cell bonding strength adequate 
Reduction in orbital frequency, 1.5 to 0.75 Hz 
Optimum adapter design; inner transtage bolt circle selected 
Component mounting criteria 
Test environments and levels for components 
Spacecraft capable of operation in transfer orbit 
S/C illumination; eclipse histories; communication line of sight 
Propulsion requirements; orbit inclination and nodal location determined 
Allocation of e r ro r  requirements; alignment requirements; 0. lo pointing capabilil 
In-orbit sensor aligcment feasibility shown 
Optical coating characteristics selected; acceptable elongation and bonding 
Separation velocity requirement; tip-off rates 
Semi-passive ; heat pipes, shutters, super insulation 
68 * 18' component mounting temp: negligible thermal distortion 
Flexible structure effect, small; linear analysis adequate 
Tracking accuracy and S-band beam width determined 
Proposal 
I Reference I Volume /Section 
Table 2.2-1 (Cont'd) 
Trade Study 
o r  
Amlysis 
I Thruster ~ o n f .  vs. S/C Launch Configuration 
Power Distribution 
Prelaunch/~aunch Seq. Event 
Communfcation Link Analysis 
Telemetry Accuracy Analysis 
T&C Reqts. & Operational Constraints 
' Central vs. Remote, Encod, Decod. 
Antenna Dynamic Ar!, ysis 
S/C Response to Antenna Deployment 
' Rotattagor* EKSed~eed 
I e m  w q n n a  
Composite Feed Configurat 
Interf. Baseline Length vs. Accur~cy  
Interferometer Signal Processing 
Radio Beacon A n t e ~ a  ~onfigurat ion/~ocat ion 
Orbit Station Location Analysis 
Mag. Bonm vcr. COOG8 Iate 
Baa € M w k k ~ t i o p ~  
Mission Failure Modes & Effects 
Reliability Analysis 
Gyro - Digital Sun Sensor Trade-Off 
Analog Acq Cont. Back-up 
1. C T p l s ~ ~ 3 '  
Acquisiti 
SAMOC- 
Negligibl 
Location 
Single pc 
2-1/2 ha 
RF loss 
0.3% acc 
Allocatic 
Remote 
1.5 HZ I 
Fixed rc 
Fixed fe 
Dynamic 
Located 
Width 01 
Transpc 
Reacon 
Propuls 
De ploye 
Techniq 
Critical 
Reliabil 
Paw gyl 
Acquisi 
Identi fit 
Acquisition bandwidth requirements 
SAMOC-SAPPSAC compatibility 
tqegligible plume impingement effects 
Location of thrusters for initial acquisition 
Single point ground; overload protection approach 
2-1/2 hour launch window capability 
HF loss allocation; RF performance 
(1.37, accuracy; 1 in 10-5 e r r o r  rate 
Allocation of tele.metry and commands; operational compatibility 
Remote multiplexers and decoders; weight and harness saving 
1.5 Hz minimum frequency 
Fixed reflector hub 
Fixed feed selected 
Dynamic tracking two satellites; high visibility of 2 satel.l!tes 
I~ca t ed  feeds within feed assembly 
Width of experiment section for required accuracy 
Transponder processing at RF signals 
Bacon antennas located; FOV compatibility with al l  sensors, etc. 
Propulsion requirements; ground station visibility 
Deployed 6' boom; compatibility with EME and COGGS Location 
Techniques to minimize interference 
Critical components made redundant 
Reliability allocations ; estimated probability of success 
Yaw gyro with digital sun sensors for reference 
Acquisition controller back-up for all  modes 
Identified that sufficient TITAN IIIC growth i s  available 
Primary Result 
Proposal 
Reference 
Volume /Section 
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2.2.1 ROTATING VERSUS FIXED FEED TR4DEaFF 
During the Phase C study, the mission objectives were restated such that a rotating S-Band 
feed was no longer the preferred method of implementing the steerable beam function. Studies were 
carried out both before and subsequent to this change t o  determine how the basic functions of 
beam steering and low altitude satellite tracking could be provided with a simpler design. The use of 
fixed feed elements was found t o  reduce the implementation complexity without compromise in 
the mission objectives. 
The mission objective of forming high-gain steerable antenna beams is carried out solely by 
the S-Band feed in coqjunction with the 30-foot reflector. Since weight, size, cost and reliability 
considerations result in a fixed reflector, beam steering can be provided only by movement of the 
feed phase center in the focal plane of the reflector. The rotating feed provides this movement by 
rotation of a one-dimensional array about the reflector axis and electronic switching of the phase 
center along the length of the array. Fixed array steering ii only by electronic switching. Both 
techniques satisfy the steerable beam objective and, with proper selection of the fixed array, both 
can satisfy the objective of Z-axis tracking of a single low-altitude satellite and steerable-beam 
tracking of two satellites. 
Table 2.2.1-1. Feed Characteristics 
The table to  the right indicates the charac- 
teristics found to favor each of the two tech- 
niques when the rotating feed design is com- 
pared to ail but relatively elaborate fixed-feed 
designs. The arrangement of the tabulated char- 
acteristics a x  based on the rotating feed concept 
in which the RF receivers and power amplifiers 
associated with all rotating feeds (S-Band, 
L-Band, C-Band and UHF) a e located on the 
rotating platform. 
The greater complexity and reduced reliability of the rotating feed results primarily from the 
myired cable wrap, and the required electro-mechanical drive system. Access to the RF 
components is more restri:ted on the rotating platform than in the EVM and the fixed feed requires 
only one set of gain and pattern measurements at each frequency. Alignment can be maintained 
more readily through the launch phase with a fixed feed since the fixed feed can be mounted more 
rigidly. Thermal control is more readily maiqtained with the fixed feed because the RF power 
amplifiers are mounted directly on space radiating panels rather than secondary radiating panels 
requiring heat pipes and internal radiation for transport of heat to space radiating panels. The total 
spacecraft weight and cost differences between the two approaches is a function of the size of the 
fixed array; however, unless a relatively large array is considered, the fixed feed approach maintains 
an advantage. In the trade studies, the above advantages of the fixed feed were considered to 
outweigh the additional gain, coverage, and flexibility attainable with the rotating feed. In fact, the 
selected design provides slightly greater on-axis receive gain, which is the most critical link in the 
data relay experiment. Equivalent off-axis gain and hand-over losses for both approaches could also 
have been achieved by using feed elements identical to those of the rotating feed at the off-axis 
positions. This approach was not taken in order to demonstrate a feed design more applicable to the 
construction of an operational two-dimensional array. Loss of solid-angle coverage is also not 
considered to be a significant drawback since, for the two satellite tracking mode, both approaches 
require spacecraft slewing; given this extra pointing dimension, the coverage provided by the 
selected array provides ample opportunity for demonstration of the two satellite data relay 
technique. 
r 
Characterirticr FavorIng 
Fixed Feed 
Co~nplexity 
Reliability 
Accessibility 
Testability 
Alignment 
Thermal control 
Weight 
Cost 
Characterlrticr Favoring 
Rotating Feed 
Antenna gain 
Solid angle coverage 
Flexibility 
2.2 SYSTEM ANALYSIS AND TRADE-OFF 
2.2.2 CONFIGURATION DEVELOPMENT 
During the course of the Phase B&C study, as requirements evolved - including the change t o  
the Titan IIIC launch vehicle - the spacecraft configuration was modified. The resulting 
configuration optimumly meets mission, launch vehicle, and experiment requirements. 
The evolution of the ATS F&G spacecraft configuration from the Phase A two-body to  the 
proposed Phase D baseline is illustrated in Figure 2.2.2-1 to the right. Thc major configuration 
changes and alternate design studies are summarized below. The numbers noted for several of the 
configuration descriptions are referenced to the configuration flow diagram. 
Phase A two-Body Configuration 1 . The spacecraft arrangement featured an earth oriented 
module containing experiments and the antenna feed and an upper space viewing module housing 
all housekeeping equipment. The antenna support structure was a 3 ieg K-truss configured for the 
Goodyear Petaline reflector. The spacecraft was designed for launch by the Atlas Centaur booster 
and was oriented for launch with the EVM up and the solar array folded upward around the EVM. 
The apogee motor was housed in the center of the Aft Equipment Module. 
Titan Booster Selection. This removed the need for an apogee kick motor permitting direct 
injection by the booster. Removal of the Apogee motor requirement eliminated serious installation 
and separation problems with the One Body Configuration. 
One-Body Inverted Spacecraft 4 . Adoption of the One-Body spacecraft resulted in a spacecraft 
weight reduction of pounds and provided an overall simplification of the design by eli%inating 
duplicate equipment modules. The solar array was configured to fold downward for launci.. 
Phase B B~seline ConfiguratioG . The Phase B baseline spacecraft was a one-body configuration 
-. 
having a 72 inch octagonal EVM with the experiment section housed within the booster adapter, 
and a four-leg K-truss antenna support structure. This configuration was designed to accept either 
the Goodyear or  Lockheed reflectors. The solar array folded around the EVM during launch and 
was deployed north and south in an X configuration. 
Antenna Reflector Selection. An evaluation of alternate reflectors to the Goodyear Petaline design 
resulted in the final selection of the Lockheed Flex-Rib Reflector. The LMSC design was sclected 
on the basis of improved RF performa~ce and greatly simplified installation, deployment and 
launch retention. 
Revised Baseline Design 8 . This configuration featured an improved EVM arrangement having a 
square experiment section and four separation attachments to the booster adapter. The design had a 
rotating antenna feed, the Lockheed reflector and the X solar array configuration. 
Fixed Antenna Feed _9 . The change from a rotating to a fixed antenria feed system necessitated 
reconfiguration of the EVM to relocate feed components and resulted in an overall shortening of 
the launch configuration. 
EME Field of View. An evaluation of the EME field of view requirements resulted in lowering the 
solar array and changing from an "X" to a "+" array orbital configuration 11 . This change 
eliminated solar array shadowing by the reflector and also moved the orbital center of pressure 
closer to the center of mass for improved momentum wheel margin. 
Circular Array 12 . ,I cylindrical solar array was evaluated as an alternate configuration. This 
design, although competitive with the flat, "+" arrangement for the solar arravj, was not selected 
primarily because of increased interference with the EME fields of view and a somewhat higher 
weight. 
Alternate Feed Support 13 . A dielectric reflector support was designed and RF tested with the 
m o t  reflector, breadboard feeds and EVM rnockup. The testing indicated that improved RF 
performance could be obtained at all frequencies with only minilnim redesign required. Section 3 
discusses this concept and illustrates the potential for RF improvement. 
Phase D Baseline Configuration 14 . The proposed Phase D co~figu~atio:: retains the 4-leg K-truss 
structure and the flat, '+" solar array arrangement. The 72-isch oslagonal EVM features a square 
experiment section and the fixei antenna feea. ihis configi:ratiot~ provides minimum EME field of 
view obstruction and a lower overall spacecraft weight than the alter~~ates studied. 
Revised Phase  D Baseline Configuration 15. The revised baseline configuration 
has a lighter weight boron-epoxy-aluminum composite X-frame feed sup1,ort and 
replaces the "+'I s o l a r  a r r a y  with the m o r e  rel iable single s tage d e p l o ~ m e n t  
X a r r a y  configuration. 
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Figure 2.2.2-1. AT3 F&G Configuration Development 
2.2 SYSTEM ANALYSIS AND 
TRADE-OFF 
2.2.3 FLAT VERSUS CURVED SOLAR ARRAY TRADEQFF -
An alternate spacecraft c o n f m t i o n  with a cylindrical solar array was compared to two flat 
array configurations. With the exception of the solar array and booms, the spacecraft subsystems 
and general arrangement are identical. The flat array spacecraft confmrations result in lower 
spacecraft weight and solar pressure torque, and a higher peak and average power capability. 
Three spacecraft configurations, as shown in Table 2.2.3-1, were compared in this trade-off 
study : ( 1 ) flat array in an "X" pattern and straight array booms, (2) flat array in a "+" pattern with 
"drooped" array booms, and (3) cylindrical array with one straight and one "drooped" boom to 
minimize array shadowing and improved EME FOV's. The flat "X" array with the booms deployed 
90 degrees is tabulated with and without array shadowing effects; the latter configuration is used as 
the baseline for comparison. 
Both the flat and cylindrical configurations have equal launch retention capabilities and the 
stowed flat arrays provide less blockage to  the EVM for on pad access. Comparison of deployment 
requirements show the 5 t  "+" and the cylindrical arrays both require more complex deployment 
mechanisms than the 5 t  "X" baseline due to the two stage boom deploymert dictated by the 
reflector deployment clearance requirements. Comparison of momemtum storage capabilities shows 
that the flat "+" array results in a higher margin for a 3-foot poundecond momentum wheel 
capacity than either the flat "'X" or cylindrical confiiurations. 
Power outputs are shown for both peak and average conditions. The flat arrays are sized for 
the minimum power requirement and, as tabulated, require more cells than the cylindrical array 
with its uniform power output. The flat array does, hawever, have a higher peak output than tire 
cylindrkal array. Note that the 15 percent power loss due to shadowing for the flat "X" array 
configuration requires increased ceU area and the use of bypass diodes. 
The delta weights for both the original 2 Hz and the final 1 :4z orbital frequency 
requirements, show the cylindrical array heavier than both flat array configurations. Structural 
analysis shows that for a 2 Hz orbital frequency (artalytical), the flat array panels are critical for the 
stiffness requirement and the cylindrical array panels are sized by the launch loads; thus, greater 
wt@t savings are realized for the flat array for the reduced 1 Hz stitrness requirement. 
A comparimn of the EME f i ld  of view restrictions show the flat '+" arrangement has 
substantially less field of view restrictions than the curved array and if a completely unobstructed 
FOV is required, the flat '+" configuration would require a 20-inch elevation cf the EME package 
(a 5-pound weight increase) compared to 86 inches for the curved array. Based on a minimum array 
power output, the cylindrical array is $58,000 lower in cost than the flat "+" array. However, on an 
average or peak power basis, the flat "+" array is $10,000 or $78,000 lower, respectively. From a 
practical standpoint only the average power comparison is valid. 
The Phase D "+" array was selected for: 
Lower weight (18 pounds as compared to the spacecraft weight with a curved array) 
Lower momentum stitrage requirement (2.4 versus 2.95 foot-pound-second) 
Significantly less FOV interference of the EME sensors. 
In addition, the flat "+" array provides greater operational flexibility bcause of the higher average 
and peak power capability. 
Tabk 2.2.11. Tnde Off Study 
2.2 SYSTEM ANALYSIS AND TRADE-OFF 
2.2.4 THERMAL CONCEPT AND EVM THERMAL ANALYSIS 
The objectives of this t r a c J ~ f f  was to  develop a temperature control system for the EVM that 
was compatible with the wilt2 range of heat dissipations of the on-board equipment, tolerant of the 
solar heating effects, and capable of maintaining an environment conducive to  reliability and long 
life for the electronic components. Analyses have shown that a narrow range of temperature 
control, 68 + lg°F, at equipment mounting panels can bz achieved for morr: than 95% of the 
mission life. 
Of the seven mission objectives, five are directly effected by the performance of the thermal 
~ubsystem. Thennal gradients in the structure can increase sensor and experiment alignment errors 
and effect spacecraft fme pointing and interferometer accuracies and the ability to  track low 
altitude stellites. High temperatures can increase the heat load on the low-temperature radiation 
coolers for the laser and radiumeter and significantly reduce their sensitivity and performance. Wide 
variation in temperatures can effect the reliability and life of all of the components including those 
for the communication subsystem. Because of the nature of the ATS F&C mission, it is not possible 
to  develop detailed power-time profies. Therefore the Thermal Control Subsystem design should be 
capable of accommodating maximum and minimum experiment power dissipations as well as the 
lull nnge of orbital solar effects. The power variation is from 80.5 t o  312.5 watts m the equipment 
.,. - tion and 18.5 to 137.5 watts in the experiment =tion ot the spacecraft. Because of the low 
d15ital rate at synchronous attitude, solar heat input to  the spacecraft surfaces can remain within 
90% of the maximelm for up to  six hours, which is the a~proximate thermal time constant of the 
EVM. Therefore, i t  becomes necessary in assessing design extremes, t o  consider the conditions 
whereby both internal and external extmmes coincide. 
Tht opuons availaole for temperature control are: ( 1) active, (2) semi-active, (3) semi-passive, 
and (4) passive designs. Active and semi-active designs can b: immediately rejected due to  weight, 
:oat, and complexity. Pure passive is eliminated because of the excessive dynamic range of the heat 
dissipation and the close temperature control requirecr. The semi-passive options are: ( I )  passive 
radiators with heaters, (2) passive radiators with phase change materials, and (3) shuttered radiators. 
P.tssivt: radiatorb with heaters are undesirable since they cannot compensate for solar array failure 
modes and are sensitwe to  coating degradation; passive radiators with phase change materials are 
undesirable btcause of weight and lack of mission flexibility. Therefore, a semi-passive system using 
~hutters has been selected since this system provides a narrow range of temperature control for a 
wide range of heat dissipation and can be designed t o  accommodate the expected degradation of 
coatings. 
The confipration of the EVM, (see figure on fa,mg page) in~orporating an octagonal 
equipmer t section and a square experiment section was evolved from a consideration of thermal 
control requirements as well as packaging dolume, fieldsf-mews, structural dynamics, weight, and 
subsystem functions. This solution, while optimum for none, is acceptable for ail of the 
co.lsiderations. The thcrmal requirements are: (1 )  north and south facing surfaces to be available for 
heat rejection and (2) east-west and earth faclng surfaces must be insulated. Equipment volume 
-equir,-ments dictate the use of 311 equipment bays; therefore, packaging of subsystems was 
developed on the basis of the results of thermal analysis. These analyses resulted in the location of 
the power and attitude control subsystem in bays 8 and 1, and the transponder in bays 4 and 5, 
with low heat dissipating components locatea in the East-West bays. This arrangement (middle 
figure above) was selected since the transponders are less temperature sensitive than batteries or 
attitude r xrtrol components and the solar heat input to bays 4 and 5 is higher than to  bays 8 and 1 .  
la the experiment section, space viewifig requirements control equipment lxations. The 
Polaris s-tlsor and the Laser and radiometer coolers require norih and/or south viewing. Locating all 
LI these experiments on one panel would severely restrict heat rejection from the surface since the 
cooler cones fclr the ?xperiments and sun shield for the sensor would block thermal radiation. Only 
the Polaris senzx hd a specific view direction. The I.aser and the Polaris sensor are located on the 
north panel and the radiometer on the south panel as noted in the right hand figure above. 
EXPLRIYENT 
SECTION 
ATTITUDE 
-0LAdI 5 
SENSOR LASER 
RADIO BEACON 
MI1 
Based on this location of coniponents, a hot point case and a cold point case thermal ~ d y s i s  
was made. The hot case design point analysis was based on operation of both an X-Band Id and 
the THRUST experiment with external loads based on a winter solstice day at the 0600 orbit 
position. Experiment section heat loads were based on operation of the Polaris and Earth sensors, 
and the Laser, camera (half time), radiometer, radio beacon and the millimeter wave experiments. 
The cold case design point analysis was based on a "standby" operating mode at noon-sun time on 
equinox with only the basic equipment king operated,-attitude control, telemetry and command, 
base transponder, and power. 
EVM Average Temperatures 
The above two cases illustrate the mission flexibility of the thermal control approach. The 
array output is a minimum at 0600 and e?proxiniately 100 watts less than that req%ired by the 
hot case design point. Since the maximum external heat input can exist for only 1.5% of the 
mission life and the internal therm.4 power dissipation can occur only by the use of batteries power, 
maximum temperatures will be considerably less than those shown above-the maximum equipment 
mounting temperature will be 86OF except for in the immediate area of operating transmitters. 
Dez .gn 
Point 
Hot 
Cold 
Experiment Section Equipment Section 
Sorth 
Panel 
60.1 
61.1 
Panel 
2 3 4 J 6 1 3 - 
63.9 87.5 99 96.1 99.6 83 73 33  
61.4 75.4 '73.2 58.9 5 8 . 6  69.3 63.6 6 0 . 2  
Long- 
erons 
73. 7 
61.7  
South 
Panel 
74.9 
63.5 
Longerons 
77.9 
63.1 
2.2 SYSTEM ANALYSIS AND TRADE-OFF 
2.2.5 K-TRUSS ANALYSIS 
System stvdies wete performed to develop the error tolerance allowable for RE; degradation 
due to K-truss distortion, the distortion characteristics of the K-truss as e function of temperature 
gradients and the thermal performance of the K-truss as a function of coating properties. As a result 
of the analysis, a aecond mirror coating insulation was selected which will maintain the thermal 
distortion within the acceptable titnits for specified antenna performance. 
The results of the K-truss distortion study are sumn~arized in the following table. The various 
effects are described in order of their resultant effects. Final thermal constraints are shown in the 
last column. The table at the bottom of the page presents a summary of the parametric analyses 
made to select the desired optical properties which cover the range of coatings to super-insulation. 
The maximum temperature difference as shown in the table occurs between two opposing struts at 
the same instant while the temperature variation of the complete K-truss is detemined from the 
average, minimum and maximum temperatures. 
The struts of the K-truss are subject to 
progressive shading by the EVM and the Hub/ 
Science Platform and shadowing by each other. 
Consequently, the temperature of the struts will 
vary radically over an orbit as also will the 
t emperature differential between opposing 
struts. With this in mind, the east and west struts 
were analyzed at the equinox condition as well 
as an orbital day corresponding to 22 days after 
equinox. This appears to result in maximum 
illuminaticn of one strut and maximum shadow- 
ing of another strut of the north-south strut 
combination. In order to cover the range of 
conditions of strut shadowing and temperature 
gradient conditions, the analysis was performed 
in two phases: first, a transient analysis was performed for a wide variety of coatings and two cases 
simulating superinsulation; second, a steady state analysis was performed to determine the nominal 
circumferential temperature gradients of the struts. 
The optical characteristics of super insulation result in a maximum temperature difference 
between struts and a temperature variation of the K-truss many times less than those for coatings or 
tapes. However, super insulation for covering the K-truss weighs approximately 9 pounds more than 
optical coatings or tapes and the optical properties for the insulation are less predictable. Since the 
desired thermal performance of the K-truss can be attained with a series emittance coating, the 
veight penalty and performance uncertainty of the insulation is unwarranted. The optical 
properties of the selected material are an a of 0.05 * 0.01 and an e of 0.10 * O.P1. 
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2.2 SYSTEM ANALYSIS A N D  TRADE-OFF 
2.2.6 SPACECRAFT MINIMUM STRUCTURAL FREQUENCY TRADEaFF 
A trade-off study was made to determine the minimum spacecraft orbital frequency that 
would provide a dynamic response consistant with good attitude control and minimum structural 
weight. The study indicated that a minimum resonant frequency requirement of 0.75 Hz would 
provide adequate separation of the structural frequencies from the control system bandwidth and 
would provide a structural design consistent with ground test loads. As a iesult, a structural weight 
reduction of approximately 50 pounds was obtained relative to  a 1.5 Hz minimum frequency 
design. 
The minimum resonant frequency of the orbital configuraticn: (1) affects those mission 
objectives which require a stable platform having a controlled attitude, (2) can affect reflector 
performance by causing coupled reflector vibration and (3) can complicate ground testing of the 
deployed spacecraft. The minimum bandwidth of the control system is determined by mission 
attitude control requirements and can not be lowered without degrading performance. By designing 
the structure so that the structural frequencies are above the upper frequency of the control system, 
the frequency attenuation characteristics of the control system can be adjusted to  prevent major 
control system interaction. With the present control system design, the structural frequencies 
should be above 4 radians per second or  0.65 Hz. 
A reduction from 1.5 to 0.75 Hz is accompanied by a reduction in spacecraft inertias which in 
turn slightly reduce the admittance in the low frequency modes. With this and an equivalent 
damping in the reduced mode, the frequency separation between the structure and the control 
system is also reduced. Open loop bode plots are shown below - one with a 1.5 Hz minimum 
structural frequency and the other with a 0.75 Hz minimum frequency. Comparison of the two 
plots indicates a small reduction in gain margin for the 0.75 Hz design; i.e., the gain margin is 
reduced from 46 dB t o  40 dB but still permits only a one percent feed-back. In the event that 
subsequent studies indicate insufficient gain margin is provided, adequate frequency separation still 
exists to  improve the margin by increasing the frequency attenuation. In either event, the control 
system torques are not sufficiently large to cause significant structural response unless they are fed 
back through the sensors. 
The limiting condition for sizing the solar boom is deployment in a Ig field. A solar boom 
designed for this condition provides an analytical frequency of approximately 1 Hz which will be 
reduced by root flexibility to an estimated 0.75 Hz. On this basis, a spacecraft resonant frequency 
of 0.75 Hz has been determined t o  be the minimum frequency. The proper balance between mesh 
tension, rib stiffness and thermal distortion of the reflector results in a minimum reflector structural 
frequency of approximately 1.5 Hz. Lowering the spacecraft frequencies increases the separation 
between the reflector and spacecraft frequencies resulting in less coupling of spacecraft vibration 
with reflector vibration and improved performance. 
The reduction in minimum structural frequency from 1.5 Hz to 0.75 Hz resulted in a 
43.0-pound decrease in weight of the solar panels, solar booms, and cro.,sover beam. The reduction 
due to change in the core and face sheets of the solar panels is 4.4 and :i 0.6 pounds res~ectively. A 
decrease of 11.5 pounds for each boom and 5.3 pounds for the crossover beam is accomplished by 
reducing member sizes. 
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2.2 SYSTEM ANALYSIS AND TRADE-OFF 
2.2.7 STRUCTURE/CONTROL INTERACTION ANALYSIS SUMMARY AND CONCLUSIONS 
A comparative analysis performed indicated that within the framework of the ATS F&G 
spacecraft control system and structure, the interactions present during prima.y pointing were not 
sufficient to cause meaningful perturbations. 
The main purpose of this investigation was to determine the effects of the dynamic coupling 
between the structure and control system on the control response, accuracy and stability and the 
response of the structure to control actions. These interactions result from a lightly damped elastic 
coupling between the control sensors and actuators and several spacecraft flexible appendages the 
largest of which are the solar paddles and the parabolic reflector. 
The analysis performed is dependent upon the structure dynamic analysis which develops the 
mode shapes and frequencies of the structure. Both studies combine to present a complete analysis 
of the structural response and characteristics. The structure of the spacecraft (minimum frequency 
of 1.5 Hz for this study) is of sufficient stiffness and the angular rotation through which the 
structural modes are coupled are  sufficient!^ small such that the interactions of the structure on the 
cgntrol system will be negligible. 
A dual approach was adopted in the analysis to investigate not only the control 
system/structure interactions but also the effects of structural nonlinearities on the system. This 
was accomplished through the use of both a transfer function representation in which the 
nonlinearities are r,ot considered and a modal representation in which the second order nonlinear 
effects are considered. The transfer function approach assumes that the motion of the spacecraft 
axes are negligible with respect to the flexible motion and that coupling between modes is minor. 
The second approach, modal representation, employs a coupled system representation, the solution 
of which reflects modal cross COL oling which effects all properties of the structure system and thus 
produces second orderlnonlinear properties. 
Tne transfer function representation was utilized in an analog simulation and the modal in a 
digital. The digital simulation cmployed a three-axis coupled representation of the orbit dynamics, 
the control interaction and the structure. The analog simulation, however, was on a single axis basis; 
each of the three axes was studied separately. The single axis study was considered adequate 
because the position errors and vehicle rates are small during the operational model investigated 
(cominal pointing) and because the transfer function representatior. assumes no interaxis structure 
coupling between the modes. The results of each simulation are the responses of +he structure and 
control system. The digital sirnillation in essence provides the total dynamic response of the system 
due to the interactions of the structure and control systems. The table on the right delineates a 
comparison of the models employed for the analysis. 
SIMULATIONS 
The approach adopted in the investigation was to initially utilize the analog simulations. This 
was based upon results of pr~vious analysis indicating that for this control system and mode of 
operation both the position errors and vehicle rates are small, thereby, reducing the dynamic 
coupling between axis. It was also expected that for the control system, the structure was fairly 
rigid in nature inducing only small angular variations. The digital analysis provided a verification of 
these assiimptions and an indication that the interactions do not seriously effecz :,he control system 
and the overall system performance. 
The control sequence chosen for the analysis was operation in the primary poillting mode, 
with local vertical pointing, during flywheel unloading. The jet torques were exercised during the 
simulation since the flexible structure is more likely to be excited by a train of pulses (unloading 
torques) than by the frequency torques produced by the low-bandpass flywheel motor. The analog 
simulations investigated the sensitivity of the system to pulse duration and interval between pulses 
verifying the nominal pulse duration and sequence. For the digital simulation the duration and time 
between pulses was kept at the nominal values employed by the control system. Since the digital 
simulation provided a verification of the analog results, only pitch unloading was investigated. The 
analog analysis investigated unloading in all axes. A comparison of the analog and digital simulation 
results delineated a close correlation. This indicated that the structural nonlinearities have negligible 
effect on the dynamic interaction. 
It should be noted that the interaction analysis was performed using the data developed for a 
minimum structural frequency of 1.5 Hz. The minimum frequency, however, was reduced to 0.75 
Hz after completion of this analysis. This reduction will not cause any additional perturbations to 
the overall system. The reduced frequency will be mainly exhibited in the solar paddle booms and 
somewhat in the EVM; the antenna characteristics will remain approximately the same. The 
perturbing energy will be transmitted mainly to the booms causing higher rates ax~d displacements 
than would occur in the 1.5-Hz case but will not structurally couple iilto the antenna due to the 
separation of their respective natural frequencies. It is expected, however, that the rates and 
displacements of the EVM will increase. By changing the filter characteristics of the operational 
controller, the EVM oscillations will not couple through the control system to cause perturbations 
due to structure/control system interactions. In effect, the spacecraft's performance will not be 
degraded from the 1.5 Hz case analyzed. The only effect that may have significance will be in the 
camera experiment mode; i.e., the displacements and rates of the EVM will be greater than 
previously exhibited. 
t 
Analog 
Functionally an exact 
representation of 
controller and sensor 
filter. 
Does not contain 
sampling. 
Linear approximation 
to flywheel 
Transfer function 
representation 
. 
e Single axis 
Nominal worst case 
pulse based upon 
experimental data - 
include all  r i se  and 
decay times and shapes. 
. 
System Element 
Control System 
Structure 
Dynami cs  
Flywheel Unloading 
- 
Digital 
Controller and sensor  filter 
includes al l  samples and i s  
functionally all exact 
representation. 
Exact representation of 
flywheel. 
Modal Representation 
- includes all  nonlinear 
te rms  
Three axis coupled 
Square wave representation 
of pulses 
2.2 SYSTEM ANALYSIS A N D  TRADE-OFF 
2.2.8 ERROR ANALYSIS AND ALIGNMENT ALLOCATION TRADEaFF 
The error analysis was performed in order t o  properly allocate alignment and signal processing 
requirements and to insure that the spacecraft fine pointing objective of 0.1 degrees could be met. 
The error analysis and alignment allocation is an integral part of fulfilling three mission 
objectives: (1) the demonstration of fine pointing and slewing, (2) the demonstration of closed loop 
interferometer pointing, and (3) the provisions of an oriented stable spacecraft for the experiments. 
Resulting from this study are the detailed pointing performance requirements for the attitude 
control subsystem and the alignment and distortion allowances for the structural and thermal 
subsystems. The analysis performed also defined the fine pointing capability with the use of 
experimental sensors for attitude measurements. The capability in these modes is limited by sensor 
performance and not the attitude control subsystem accuracies. 
The trade-off was performed by first evaluating the feasibility and difficulty of maintaining 
different tolerances in the various areas affecting pointing performance, including determination of 
any "break points", and then allocating tolerances on an "equalization of degree of difficulty" 
basis. A key part of such an allocation is the effect of the various error contributors upon the total 
enor. The approach used is that of determining the total error by root-sum-squaring the random 
errors and adding to the result the sum of the systematic (or deterministic) errors; this approach is 
somewhat pessimistic, providing some conservatism so that high confidence can be attached to the 
outcome. The results of the error allocation are summarized below for pointing to any location on 
the earth. 
These pointing accuracies are for the spacecraft pointing to the surface of the earth with the 
use of the operational controller. As the pointing angle from the local vertical increases, cross 
coupling eriors and some sensor errors also increase. Addttiona! analyses were performed for static 
pointing up to 1 1.5 degrees from the center of the earth and for various alternate modes involving 
use of the acquisition controller in place of the operational controller, and the use of jets instead of 
mome:!tum wheels. With large offset pointing and the alternate modes, the static pointing errors 
( 3 n )  are larger than 0.1 degree but less than 6.25 degrze (acquisition controller, 1 1.5 degrees offset 
pointing, and jet operation for attitude controll 
Because attitude control subsystem errors are systematic and can not bc RSS'd with other 
Laser 
0.020 
13.006 
Inter- 
Ferometer 
0.045 
0.006 
Sensor Accuracy 
Sensor Alignment 
Initial Alignment 
Measurement 
X- Band 
Monopulse 
0.006 
0.020 
0.045 
0.149 
-- 
-- 
0.002 
0.008 
0.212 
Earth 
Sensor 
0.070 
0.006 
Shimming 
Loss of Alignment 
Thermal Distort~on 
Alignment Cross-Coupling 
C ross-Couplin;: 
Attitude Control Subsystem 
Compensation Computa:!~~. 
Servo Following Error 
Pointing Accuracy, 
Sensor Axis 
Pointing Accuracy, 
Sp? - aft Axis 
* 
Polaris 
Sensor 
0.050 
0.006 
0.COd 0.008 0.010 
0.020 
0.010 
0.008 
0.011 
0.007 
0.007 
0.092 
0.0985 
0.020 
0.010 
0.008 
0.015 
0.007 
0.007 
0.062 
0.071 
0.02" 
0.02C 
0.010 
0.008 
0.017 
0.007 
0.057 
0.071 
3.020 
0,010 
0.006 
0.014 
0.007 
0.002 
0.033 
0.048 
errors, their effect is greater and it is necessary to  hold these errors to  the relatively tight tolerances 
in the preceeding table. This is also consistent with the intent of the system specification 
requirement that attitude control subsystem errors should be small compared to  experimental 
sensor errors and thus not limit performance. The errors associated with sensor alignments include: 
( 1) initial alignment measurement and shimming, ( 2 )  loss of alignment through shipping, handling, 
and launch, and (3) thermal distortions of alignment in orbit and the allocations provided t o  them 
are within standard practice. The allocations for loss of al&,rnent are slightly larger than those 
experienced with the Nimbus and OAO spacecraft. The allocations for thermal distortion within the 
EVM are higher than the results of a thermal analysis of worst case conditions. The X-Band 
monopulse thermal distortion of 0.149 degrees of arc is mainly due to that of the K-truss. 
The initial alignment allocations for shimming or adjustment are developed further in the 
following table, the linear tolerances from 0.0007 to 0.006 inch are well within standard shimming 
practice. 
Sensor Alignment 
The allocation for initial alignment measuremeilt errors assumed the use of standard, but 
reiatively precise, autocollimation instruments of the type used on Nimbus and MOL and leveling of 
the spacecraft on a simple structure ressembling the flight adapter. 
Ear th  Sensor  
5 Polar is  Sensor 
The EVM thermal analysis and the K-truss thermal analysis (Sections 2.2.4 and 2.2.5) 
were an integral part of the setting of allocations for thermal distortions of alignment, The 
conclusion t o  be reached from the EVM thermal analysis is that relatively coarse thermal 
control of the EVM (2 1 8 O  F) results in thermal distortion of sensor alir: ;.lent which are well 
within acceptable limits. The system error allocation, in part, resulted in !.he selection of a two 
surface mirror thermal control tape for the K-truss. This error analysis is also a part of a trade-off of 
inflight calibration versus alignment accuzacy which shows that significantly improved accuracies of 
knowledge of sensor-to-sensor alignment can be attained by comparing sensor outputs over time 
(in-flight calibration). 
I n t e r f e r o m e k r  0.005 0.005 0.025 
0.005 0.005 0.024 
Package A lignmen t Shimming 
Tolerance 
(Total) 
(inch) 
0.0007 
0.0012 
Pitch 
(deg) 
0.006 
0.040 
4 
Tolerance on 
Third Axis 
A lignmen t 
(inch) 
0.003 
0.025 
0.006 
0.0014 
0.010 
0.004 
Roll 
tdeg) 
0.006 
0.500 
Yaw 
(deg) 
0.050 
0.012 
2.2 SYSTEM ANALYSIS AND TRADE-OFF 
2.2.9 SBAND FEED CONFIGURATION ANALY Sl S 
An analysis was undertaken to develop an S-Band feed configuration and spacecraft pointing 
approach, static or dynamic, which would allow frequent and simultaneous relay communications 
with Apollo and Nimbus satellites for reasonable durations. As a result of the analysis, it has been 
shown that relay communications with both satellites up to 44 minutes and for frequent periods of 
20 minutes or more are possible. The impact of the analysis was limited to the composite feed 
assembly and the attitude control subsystems. 
- - - - - -- -- - - ----- 
The approach used in this analysis was to obtain earth traces of the Apollo and Nimbus 
satellite orbits as a function of time and with respect to the ATS-F spacecraft sub-satellite point. 
Overlays of the ground coverage patterns for various S-Rand feed configurations were then used to 
determine 'the availability and duration of mutual satellite coverage. Dynamiic tracking conditions 
were represented by moving the overlay along the ground traces. The cycle period for repeatability 
of the satellites and ATS orbits is approximately 100 days. For this analysis, 18 full days (24 hours) 
of orbit traces were used; the initial condition of the Nimbus orbit for each day analyzed was 
progre.ssed at approximately 20degree intervals from the Nimbus-Apolio orbit nodal point giving a 
representation sample of orbits for the full 100-day cycle. 
An accumulative distribution of mutual satellite coverage for various S-Band feed configura- 
tions ae .>own by the mrves in Figure 2.2.9-1 ; 18 days comesponds to approximately 240 Nimbus 
orbit revolutions. The coverage patterns are defined in Table 2.2.9-1 at the right with the curve 
numbers corresponding to the configuration number of the table. As an example, there are 17 
occurrences in the 18 days in which feed confmration number one will cover both satellites for a 
minimum of 20 minutes providing that dynamic trackirg of the satellites is used. Several 
modifications to  the conf-tions shown were also investigated with no improvement in two 
satellite relay communication capability. In addition to the accumulative d~stribu tion, a value rating 
was assigned to each configuration as follows: 
i 
Value = Z fidi 
n=i 
f; = number of times that a mutual coverage of 
duration di occurs. 
This value function gives a linearly increasing value with duration of coverage and shows good 
correspondence with the curves shown. Also, for comparison, the value rati,.gs using spacecraft 
static pointing for several S-Band feed confirations are shown. Spacecraft dynamic pointing 
results in a value of 3 to 4 times higher than the static approach. 
The sclected feed confiration, Number 1,  as shown in Figure 2.2.9-2 to the right, contains 
28 elements and results in a ground coverage pattern approximately as shown in the insert at the 
top right hand figure. In order to maintain the target satellites within the FOf; of the S-Band 
coverage, the spacecraft attitude is controlled by the onboard solution of the o:aital equ-tions of 
both satellites. The spacecraft roll pointing signal is determined by the roll angle from the local 
verticai of one satellite and the pitch signal determined by the pitch angle of the second satellite. 
The selected digital operational controller has the capability for the siri~l~ltaneous solution of the 
orbital equations for both satellites. This cotitrol approach was incorporated with no change in the 
attjtude control subsystem design. The 28element S-Band feed configuration required a complete 
reconfiguration of the composite feed assembly; however, all required RF feeds were located in the 
feed assembly with performance as good or better than ~reviottsly obtained. 
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Figure 2.2.9-1. SBrnd F a d  Configurations 
Tabk 2.2.91. Feed Anangiemmt Evaluation 
F i  2.2.9-2. Selected Feed Configurations 
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2.2.10 THRUSTER PLUME IMPINGEMENT STUDY 
Propulsion Subsystem t h a t e r  locations were selected after consideration of potential plume 
impingement effects such as disturbance forces, heating, and deleterous residues. The thrusters are 
mounted and pointed such that no harmful impingement effects will be realized. In addition, the 
selection of hydrazine monopropellant fuel has assured that there will be no chemical attack or 
surface degradation due to  impingement of the rocket engine plumes on solar cells, thermal 
blankets, optical elements, or antenna materials. 
Consideration of potential plume impingement effects is important for the following reasons: 
(1) impingement forces can cause torques which affect performance of the attitude control 
subsystem; (2) plume heating can degrade or melt thermalblankets; (3) chemical attack by the 
plume can destroy controlled emmissivity surfaces or portions of the antenna; and (4), condensed 
residues from the plume can degrade solar cell performance or coat optical sensors. 
An estimate of the size of the rocket 
engine exhaust plume is shown in Figure 
2.2.101 to  the right. Plume densities on the 
thrust axis, as a function of distance from the 
nozzle, are shown as well as the plume density 
profde. The largest density profde and the zero 
density lines are also shown on the spacecraft 
sketch. With the large distances between the 
nozzle and irnpingeme~t areas, the disturbance 
forces created by impingement and the material 
deposited is negligible. Also, it is noted that the 
experiment and attitude control sensors are 
A n l W O E  mTmL a 0  protected by the equipment section protruding S T A T , ~ ~ ~ E - ~ ~  W Z ~ E S  RTTITUU~ c a r n L  ~ Z Z L E S  
beyond the faces of the experiment section. The a bllm - 
effects of the small amount of gas backwash on 
spacecraft surfaces is discussed below. 
- 
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C I I W 8 E R  OENSlTY 
I OISTMCE F I I W h V I Z L E  Testing conducted under vacuum condi- W Z A L  011 1x1s 
tions with monopropellant rocket engines firing 
directly o n  material samples have been con- Figure 2.2.10-1. Rocket Plume Profile and Structural 
ducted and documented (References 1 and 2). Clearances 
These tests indicate that proper processing of catalyst with "burn-in" firings to  remove chlorides 
rzsults in a plume which is clean. In some cases where materials were below 0°F (and close to ?:he 
nozzle) a condensation of ammonia and small amounts of water vapor occurred. These condensates 
sublimed readily leaving no residue to  degrade the transmissivity of optical element: or solar cell 
cover glasses. Tests involving direct impingement of a relatively large (i.e., two pounds thrust) plume 
onto copper lace antenna material with only 15 inches separation (Reference 1) showed that the 
plume did not chemically attack the antenna material. The referenced tests provided data sufficient 
to  assure that the rocket engine plumes will not damage the optical sensors in the experiments 
section, the antenna, and/or the solar cell panels. 
Reference 1: Esenwein, F. T. and S. C. Walker, Effects of Hydrazine Exhaust Plumes and 
Propellant Spills on Selected Spacecraft Materials, LTV Aerospace Corporation, 
Dallas, Nov. 1967. 
Reference 2: Massie, L. D., and P. J.  Martinkovic, Attitude Control Rocket Exhaust Plume Effects 
on Solar Ceik, AFRPL, November, 1968. 
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2.2.1 1 EM1 CONSIDERATIONS AND ANALYSES 
- - - - -- - 
The large aperature antenna and high power transmitters require careful design to minimize 
the impact of noise on the spacecraft performance. Analysis t o  determine the magnitude of the 
electromagnetic noise environment and incorporation of design techniques to  minimize noise 
impact provide assurance of compatible operation. 
Until the prototype spacecraft is tested for compatibility with the electromagnetic 
interference spectrum, spacecraft performance will continue to  be of some concern. However, initial 
studies of the sources of interference have led to  the implementation of design features and a 
careful approach to system integration which will minimize problems during system test. 
Both radiated noise coupling and conducted noise have been considered. The electromagnetic 
radiztion environment at the EVM, can only be approximated, since the EVM is in the near field of 
the antenna. The level of radiation in the near field of an antenna is a time varying function of 
angular position and distance with respect to the antenna with complex relationships between the 
electrical and magnetic fields. Approximations of these relationships were made to bound the 
possible field intensity around the EVM. The potential coupling of external electromagnetic energy 
into the EVM was assessed. In addition, the coupling of spacecraft antennas with the structure and 
each other was evaluated. 
As a result of these studies, provisions have been made for bonding of the structure, 
particularly the ground plane ~f the composite feed to the top of the EVM, and penetrations 
through the ground plane have been sized to act a i waveguide below "cutoff '. RF fencing has been 
included around the wide angle antennas on :he EVM earth viewing face to minimize mutual 
coupling and coupling to the adjacent structure. 
The effects of the antenna on radiation patterns of the interferometer telemetry and 
command and radio beacon antennas was measured and locations selected to  utilize or supress these 
effects, as required. Isolation of equipment operating at similar frequencies, such as the radio 
beacon, T&C and Tra:lsponder IF has been provided by physical separation, use of solid outer 
conducter coaxial cable, KF tight enclosures and signal level selection. 
To limit the effect of internally generated and conducted noise, considerable emphasis has 
been applied to power subsystem and harness design. Keasurements made on the power subsystem 
breadboard indicate an extremely quiet bus with low ripple, excellent transient response and low 
source impedance. Noise limiting features include; isolation of all experiments, ramping on and off 
of all loads and a single power ground point. T'he large number of high powered communications 
equipment makes the presence of RF energy in the structure unavoidable. However, separate 
returns, isolated from structure, are provided for primary and secondary dc power, ac power and 
signals. Secondary power converters provide isolation from the bus for all noise sensitive circuits. To 
the extent possible, subsystems are grouped to minimize harness length for critical s b ~ a l s .  
Segregated touting for noise generating and susceptible circuits is provided. Power lines are twisted 
with their returns and are bussed directly to  each user from as close to the power input terminal as 
possible. Shielding is utilized to  contain noisy lines and protect susceptible circuits. Special 
provisions have been made to select electro explosive devices with low noise sensitivity and to 
protect against inadvertent activation by means of internal spacecraft interlocks, a specific 
command sequence for arming and frring and shiel~ qf all lines. Command output voltages were 
selected to immunize the system against shorts or transients on the command lines. 
The continued consideration and implementation of noise minimization techniques will result 
in a minimal set of problems uncovered during system testing and relatively minor design 
corrections required to elinlinate them. The system test will verify spacecraft operation in all 
normal modes. Also, signal to noise margin at critical circuits will be determined to  permit 
assessment of spacecraft capability to withstand abnormal conditions. 
2.2 SYSTEM ANALYSIS AND 
TRADE-OFF 
2.2.1 2 MAGNETOMETER INSTALLATION AND DEPLOYMENT 
The magnetometer must be located at a distance from all spacecraft and experiment 
components in order to  limit the spacecraft induced magnetic fields in its vicinity. Compatability 
with the FOV's required by the EME sensors and the boom movement for the COGCS experiment 
necessitates the orbital location of the magnetometer at a 45 degree angle t o  the spacecraft yaw 
axis. A six-foot boom would provide the desired separation and angular position. 
The selected location for the magnetometer and the boom is shown in Figure 3.2.12-1 below. 
The HubIScience Platform location was selected because the magnetometer must have an 
unobstructed space view and low spacecraft induced magnetic fields. With the FOV's required for 
the EME sensors, the only part of the HublScience Platform free for the mounting of other 
components is in the vicinity of the COGCS package. In this area, location of the magnetometer 
boom is further restricted because of the 45 degree half cone angle travel of the COGGS boom. 
Thus, a deployed boom for the magnetometer was selected in order to provide fairing clearance 
during launch and a free FOV for the magnetometer as well as other experiments after boom 
deployment. On the basis of measured fields from components and materials similar to the EME, 
COGCS, reflector housing, and structure, it is estimated that the boom should be 6 feet long as 
shown. However, the boom length can be increased by about 1.5 feet if additional attenuation of 
spacecraft induced magnetic fields is required. 
Deployment of the magnetometer occurs after deployment of the solar booms and is initiated 
by ground command. Upon release by a pyrotechnic pin puller, the boom pivots through an arc of 
135 degrees to  a position 45 degrees relative to  the yaw axis pointing southward. The deployment is 
powered by a simple torsion =ring with the final position controlled by an adjustabli stop. A 
preloaded bumper consisting of a compressed rubber shock mount backed by internal compression 
springs provides a high degree of damping, a soft end of travel snubbing action, and a controlled 
location for the final boom orientation. The release and deployment device is similar to  that 
developed for and flown on the Biosatellite. 
If the COGGS experiment is not flown, a fixed space truss could be mounted to  the crossover 
beam to  obtain the desired separation between the magnetometer and other components. With the 
35-foot Titan fairing presently planned for use, the magnetometer could be mounted as far a:, 
approximately 12 feet above the EME package. Assuming a 6-foot distance above the EME package, 
the space truss will weigh less than two pounds and have a frequency of 49 Hz which is acceptable. 
The space truss would be made of 314 inch OD aluminum alloy tubes having a wall thickness of 
0.0; 6 inch. 
OVER 
STRUCTURE 
Figure 2.2.12-1 . Magnetometer and Boom Location 
2.2 SYSTEI4 ANALYSIS A N D  
TRADE-OFF 
2.2.13 LAUP'CH VEHICLE ANALYSIS 
Presently contracted modifications to the Titan IIIC launch vehicle available for the ATS-F 
launch, will result in a minimum pkyload margin of 425 pounds relative to the present ATS-F 
weight estimate. 
For the purpose of the Phase B&C contract, NASAGSFC defined the Titan IIIC launch 
vehicle payload capability into synchronous orbit as 2050 pounds. Concern for sufficient payload 
margin to  accommodate experiment and spacecraft growth led to an evaluation of what additional 
Titan capability might realistically be assumed and what the system impact might be if an alternate 
launch vehicle is selected later in the program. The results of this evaluation indicated that sufficient 
Titan I!IC capability would be available in time for ATS-F and further that a change to an alternate 
launch vehicle would have a major impact on the program. Two other launch vehicles, 
AtlasICentaur and Titan IIIBICentaur, have the potential for the ATS F&G missions but require the 
addition of an apogee motor and spin-despin capability to the spacecraft design. The complications 
of these changes to the spacecraft design are shown in Table 2.2.13-1 to the right. The design and 
development effort for the spacecraft redesign, the cost of the additional components, and mission 
probability of success .would be overriding factors in a cost effectiveness analysis of the various 
launch vehicles for the ATS F&G missions. 
Depending upon the date of committment for the launch vehicle, Titac IIIC vehicle number 
STC-7 or a later modification will be used for the ATS-F mission. The STC-2 series (STC-2 through 
7) is near the completion of development and the STC-2 is scheduled to  be flown in February 1971 ; 
the modifications for updating the STC-2 to the STC-7 are already contracted for by the Air Force 
with a contract for the additional modification for updating to  the STC-8 believed to be imminent. 
The specified payload c~pabilities (Titan IIIC, PayloaJ User's Guide, AF04(695)-150) into 
synchronous with a 200 nmi minimum perigee of the transfer orbit are approximately 2400,2500, 
and 2875 for the STC-2, 7, and 8 vehicles, respectively. This compares to a presently estimated 
ATS-F spacecraft weight of 1957.5 pounds. 
The Atlascentaur baseline capability with the addition of a TE-M-364-4 apogee motor is 
2010 pounds into a synchronous equatorial orbit. This includes an apogee motor case weight of 144 
pounds leaving 1866 pounds for usefui payload. Changes to the Atlas have been studied and are 
anticipated by 1971 that include increasing the tank length by 34 inches, increasing the engine 
'hrust by 14000 pounds and raising the speclfic impulse by 1.5 to  3.0 seconds. With these 
modifications, the useful payload capability should be at least 2025 pounds. 
The Titan IIIB/Centaur can place 4450 pounds into a 300 nmi (200 nmi minimum perigee) by 
synchronous altitude transfer orbit without plane changes. Using the TE-M-364-4 apogee motor for 
injection into a synchronous equatorial orbit results in a useful, in-orbit payload of approximately 
2300 pounds. This payload capability compares favorably to that which can be obtained using the 
early STC series of Titan IIIC launch vehicles and would result in an appreciably lower payload 
capability for the ATSG mission then that which could be launched with the STC-8 or later 
versions of the Titan IIIC launch vehicle. 
Table 2.2.13-1. Summary of Effects from Changing Launch Vehicles 
Area lmpacted 
Spacecraft 
Stmcture 
Spocscdl to 
h u n c h  Vehicle 
Adapter 
4ttituQ Control 
System 
t .@pulsion 
System 
Experiments 
Operations 
Critical Anslymi. 
Dynamic stability malysla 
Wright a d  balance 
Component arrangement 
Thermal analysim 
Stresa analysis 
Experiment and Sensor FOV's 
Dynamic 8tability analynis 
Weight and balance 
Stre88 analysis 
Smging tip-off rates 
Nutation control programming 
Nubtim control propellant 
requirements 
Spin/&-spin rcqulrcmrnts 
Operational contml procr&res 
Optimum use of Centaur and 
kick stage through transfer 
and injection 
Kick stage insertion accuracy 
Amount of propellant 
requlred Plume analysis 
Experiment configuration 
Ejection system reliability 
Thermal input from kid(-stage 
Antenna gain with larger EVM 
Analysis of pre-lmnch checkout 
procedures 
Analysis of launch and range 
safety procedums 
Transfer orbit and injection 
analyais 
Potential W i g n  Churge 
Supporl l o r  lpqgee kick s h g e  
Equipment and experiment relocation 
Nev experiment section 
New structural load pams 
Thermal protection 
Centaur stub adapter 
New mating point8 
Cenmur fairing 
&pport kick-amge launch lord 
with adapter 
Cholpe operational controller 
Add de-spin yo-yo's 
Add numtlon control thmaten, 
and propellant 
Add SCADG type spln vector sensor 
Add apogee kick stage 
Relocatp propulsion tankage 
Relocate thmaten, 
Add spln-up Uirusten 
Relocate experiments in EVal 
Kick stage ejection to obtain 
field of view 
Larger s p e r i m e n t  comple~nent on 
EVM 
Different Pad 
New launch aecpence 
New transfer sequence 
New stabilization and acquisition 
sequence 
New insertion sequence 
Critical Design Considerations 
?mylord weight limit. 
Fairing clearance 
Launch load. 
Spacecraft natural frequency 
Kick s h g e  size k wdight 
Kick stage thermal output 
Launch vehicle dynamics 
Location of adapter hard points 
S p c e c r i l t  maas properties 
Staging configuraUon 
Control stability while spinning 
Mass properties 
Damping characteristics 
Let@ of time to insertion 
Impulse required 
Spacecraft mass properties 
'Ihrust misalignment 
Launch vehicle Lnjection e r r o r s  
Kick stage impulse uncertainties 
E x h u s t  contamination 
Experiment field of view 
constraints 
Experiment thermal control 
requirements 
Allowable change in mmmunica- 
tions experiment aperture 
Pad and Range W e t y  
Countdown sequence 
Eh:l and cooling requirements 
Centaur operations require- 
ments 
Kick stage operations reqtire- 
ments 
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2.3 SPACECRAFT SUBSYSTEM 
A design performance and component description summary for each of the subsystem 
is presented to provide an introduction to the proposed Phase D implementation section. 
Table 2.3-1. Key Features 
5E 
CONTROLS 
r 3-Axis Active System Witb Tracking and 
Slewing Capab~!ity. 
rn Digital Operational Controller For On- 
Orbit Spacecraft Control With An Analog 
Controller For Acquisition and I~'uncliona1 
Backup. 
Pointing Accuracy of t 0.1" in All Three 
Axes. 
r Normal Operation with Momentum Wheels 
B'it~l Propl ls~on For \\'heel Unloading. 
\Vith an All-Gas Backup. 
r Monopulse Tracking a t  S-Band and X-Band; 
Closcd Loop Control Capability 
rn Attitude Sensors - Earth Sensor I'rovides 
2-Ax16 Information. 
- Polaris Star Tracker i'rovides Yaw 
Ibference. 
TIiANSPONDElt 
Integrated, Multifreqoency. Singlc Con- 
version Dcsign With Selectal~le I F  Band- 
widths. 
rn Monopulsc Processing For S-Band and 
X-Band. 
Provides Frequency Translation Capahility 
For: 
X-Band To X-Band S-Band To S-Band 
X-Band To UHF S-Band To X-Band 
X-Band to S-Band L-Band To L-Band 
X-Band to IF I.-Band to X-Band 
X-Band to L-Band 
rn Phase Locked Hece~ver Yor Coherent 
Operation a t  L-Band From X-Band and 
Also a t  S-Band. 
Solid-State UIIF, L-Band, and S-Band 
Transmitters. 
Wideband Fhf Data Modulation For Sensor 
Exper~meats Data Transmission at X-Band. 
Earlh Coverage Horn Antenna a t  X-Band. 
FEED 
Mullifrequency Feed With Variety of Beam 
Shapes for Versatility. 
UHF, S-Band Monopulse, and X-Band 
Monopulse Coaxially Mounted. 
rn Electronically Witchable S-Band Array 
with Independent Receive and Transmit 
Beams for Satellite-To-Satellite 
Communications. 
a L-Band Fan Beam Coverage From Shannon, 
Ireland, to ICosman. N. C. for PLACE 
Experiment. 
STRUCTURE 
Prlmary Structure Muie up of EVM. X 
Frame, Reflector, ReC-ctor Hub/ 
Science Platform. Solar Array Panels 
a d  Booms 
X-Frrme Fixed Feed Support Optimized 
For Low Wele t  and Good RF Performance. 
Flat "X" Configuration Solar Array P.nels 
were ssleckd for highest deployment 
rell8bility. 
Experiment Section of EVM Not In Primary 
Load Path 
structural Design Armneement Provides ' 
For Ease of Ground Test and Checkout. 
Mounting and For 
550 Pounds of Equipment and Experiments. 
PHOPULSION 
liydrazine Blowdown System Using Fl~ght  
Proven Components. 
Ten 0.1 lb Identical Thrusters For All 
Functions. 
Stationkeeping Thrusters Located a t  Space- 
c r d t  CM. 
Four Thmsters  Use Pressurant For Back- 
up Momentum Wheel Unloading. 
All Welded Single Module Construction 
Provides For Maximum Reliability And 
Ease of Assembly and Checkout. 
rn Sulficient Fuei For Normal Operations. 
20 Iteacquiuitions, and ?k.o Station Changes. 
Continuous Low Power Thrusting Capability: 
9.5 Hours Continuous Firing Using Only 5 
\\'atls. 
'TELEMETRY AND COMMAND 
VHF Telemutry and Command Systems - 
Compatible \Vith Existing AT8 Ground 
Stations. 
rn Itedundnn:. Central and Itemote Encoders 
and Dcuoders, Transmitters,  and Receivers 
for Reliability, Growth Flexibility, and 
Net Weight Saving. 
rn Scpnrate Antenna Systems for Boost Phase 
and In-Orbit F'hase. 
rn lligh Gain Antenna Coverage for EME Data. 
and SAMOC-SAI'PSAC Comn~andin~.  
Telemetry Analog Data Acruracy 0 . 3  
Percent lWS of Full Scale. 
5-Watt TLM Transnlrtter Power Ch~tplt. 
9-Blt Word, 128 Wordo in Minor Frame, 
32 Minor Frames in Major Frame. 
r 612 Discrete. XL Magnitude, and 7 Tone 
Common&. 
r Extensive Use of Flight Proven Componenta 
THERMAL 
Combined Active and Passive Thermal Con- 
trol System. 
Separate Thermal Contl'ol F'ar Experiment 
and Equipment Sections. 
b Equipment Mounting Surface Temperalures 
Held to 68' F ( i l l '  F), Except for Trans- 
ponder Output Stages \i'hich Are Held to 
68' F (+36" F ,  -18' F). 
High Heat Dissipation Components Located 
on North-South Panels. 
Radiation Coupled Shutters on North-South 
Surfaces Accommodate Random Ulty Cycle 
Operations. 
H ~ U  Pipes on ~orth-south h n e l a  of E v p  
section. 
Passive Coating6 for Feed Support, Re- 
flector Hub, Eut-Wwt EVM Surfaces, and 
X- Frame. 
Feed Apertures Covered to Minimize Heat 
LMlu 
... 
POWEH 
Fixed Solar Array (160 square feet) and two 
12 Ampere-Hour Batteries. 
Regulated Bus Array Shunt and Battery 
Boost - No Series Element to Limit Load 
Power - Total Blwk ltcdundancy. 
Remote Power Interface Circuits for 
Switching, Isolation and Spacecraft 
Protection. 
r Provides up to 1.0 kW Early in Life and 
500 Watts End of Li!- for Experiments. 
REFI.ECT0II 
r "Flex-Rib" Design: 48  Chenl-hlilled 
Tapered Ribs. RF Surface Provided By 
Copper Cmted DIcron Mesh. 
r Fixed Hub Design Selected to Minimize 
Complexity of Spacecraft Interface an3 
Deployment. 
75 Percent See Through. Normal To 
Surface. To Minimize Thermal Distortion. 

2.3 SPACECRAFT WBSYSTEM 
2.3.1 STRUCTURE 
The structure meets all of the mission requirements for ground, launch and orbital 
phases, and provides growth 2nd flexlbility to accommodate experiments and t o  facilitate 
assembly and testing. 
DES CRTP'rION 
The structures subsystem consists of the Earth Viewing Module-Equipment Section and 
Experiment Section, the Reflector Support Truss (X - frame) and ~ub/Science Platform, 
the Adapter and spacecraft separation mechanisms and the Solar Panels and Booms with 
associated deployment mechanisms. 
The structures subsystem design is based on a conservative approach and includes 
significant growth capability. The primary structure i s  basically of alumillt~m alloy colistruction 
and utilizes standard tooling techniques. The X-frame i s  constructed of boron-epoxy/ 
aluminum composite tubes with mechanically joined a l~minum end fittings, and a 
Titanium tubing intermediate support structure. This design was selected for i ts  significantly 
lighter weight and employs available state-of-the-art fabrication techniques. 
Structural members a r e  sized to support a 2500 pound spacecraft which allows future 
growth of approximately 550 pounds of experiments and equipment. The structural arrangement 
allows adequate mounting surface and volume for  this growth. Flexibility for the future 
changes in experiments has been provided by placing the experiment section of the earth 
viewing module outside of the primary load path. This allows repackaging of experiments 
without changing the primary structure. 
The structure is unique in that i t  is designed for s t i fhess  rather than being strength 
critical. Natural frequency requirements for launch and orbital modes have established 
the stiffness criteria. 
The structural and spacecraft arrangement feature a design which provides fo. a 
logical assembly flow, testability a t  the subsystem and systerc level, and maintainability. 
Spacecraft equi2ment is  mounted on subsystem panels which allows bench assembly and 
checkout of the subsystems. The spacecraft is aesembled in a modular fashion which allows 
parallel and independent buildup and test of the earth viewing module, the science platform, 
the propulsion module, the composite feed assembly, the reflector, and the solar arrays. 
Furthermore, access is provided for installation, troubleshooting, repair and/or replacement 
of equipment should malfunction occur. Finally the spacecraft arrangement provides a 
clear field of view for  all e veriments a s  ;~resently defined except for minor interference 
with the EME and Radiometer Cooler. 
A full-scale structural dynamics model (SDM) of the spacecraft ,,K-Truss Feed Support) 
has been built and tested completely verifying the dynamic response characteristics of the 
structural design and the methods of structural analysis. This model was tested for both 
launch and orbital dynamic response conditions and for solar panel release shock loadings. 
This same model will be refurbis'i d during Phase D for further testing resulting in 
significant cost savings to the Pbi ,e D Program. A further advantage of this dynamics 
model is that hardware bas been fabricated thus providing confidence ia estimated 
fabricetion and assembly costs and schedules for this Phase D proposal. In addition t o  
the SEM testing, the X-fi-ame composite tube design has been fabricated of the boron-epoxy/ 
aluminum laminate and axial load tests have confirmed both strength and stiffness properties. 
A moc- of the Earth Viewing Module (EVM) was built to evaluate experiment and 
equipment installations, accessibility and harness routing. The flexibility of the EVM 
experiment section to accommodate elrperiments was  demonstrated when the mockup was 
readily modified to reflect experiment configuration changes after the mockup was initially 
assembled. 
Solar Panels and Solar Booms 
The panels a r e  stowed around the equipment section of the EVhl during launch. Two 
flexible snubbing pads per  solar panel are provided on the equipment module fcrr panel 
retention during launch. Preloading of these pads was computed based upou dy.?amic inertia 
responses to  booster excitations. The free edges of adjacent panels a r e  contained by pre- 
loading corner pads with an  explosive bolt located in the center of the panel edges. Stored 
internal strain energy and a torsion spring unfold the moveable panel into a locked position 
with the solar boom and fixed solar panel, when the two bolts a r e  fired. Deployment of the 
booms is then accomplished by the redundant linear activators mounted to the cross-over 
structure and booms. The booms a r e  mechanically latched in the up position, and in addition, 
the actuator preload provides a positive back-up if a latch fails to engage. Each solar boom 
is  a welded tubular box t russ  mechanically attached to  an interface fitting which provides a 
sccket design for attachment of the tubular solar panel extension boom. Solar panels a r e  
of aluminum honeycomb construction. The cmss-over t russ on the hub transfers solar 
boom-panel inertial loads into the hub to complete the l o ~ d  path. 
Reflector Support Truss @-frame) and ~ u b / ~ c i e n c e  Platform 
The X-frame has 8 composite tubular main members and a Titanium intermediate 
cross brace. All tube center splice and end fittings a r e  aluminum using standard mechanical 
attachments. The spper end of the X-frame is attached to a box ring (hub) which supports 
the reflector and the solar boom cross-over truss. The hub is further stiffened to provide 
a science platform for space viewing experiments. 
Earth Viewing Module and Adapter 
The equipment section is  a eight-bay structure with four primary longerons, four secondary 
longerons, upper and lower rings,and eight shear panels that serve a s  equipment mounting 
panels. This structure provides a direct load path from the X-frame to  the four separation 
Table 2.3.1-1. Structure Subsystem Performma Summary 
Table 2.3 .I -2. Structure Subsystem 
Figure 2.3.1 - 1 .  Orbital Spacecraft 
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1 Absllahle Stress Analyses 
bolts which interface with the eight tubes of the adapter. This arrangement allows 
circumferential access to equipment and provides rigid support to the experiment section by 
the four secondary lollgerons. The experiment section is recessed into the adapter section 
to reduce spacecraft launch height and weight. This modularity improves experiment growth 
potential without penalizing access or requiring significant redesign of the equipment 
section. The equipment section i s  divided into 8 equal bays by radial intercostals which 
provide a shear path for the eight inner diagonal tubes. These tubes transfer shear loads 
during ground handling when equipment bay panels are removed. The composite feed 
assembly is  mounted to the top of the EVM, while the control module is supported by a 
truss structure in the inner well. Launch loads from the equipment section are  transferred 
from the four separation bolts at the bottom of each main longeron into the adapter section. 
"IWo adapter tubes truss out the point loads from each separation bolt. The eight tubes 
interface with the eight bolt light payload ring of the Titan 111-C booster. 
Figure 2.3.1-2. Launch Configuration 
XlLAR BOOM DEPLOYMENT AND LATCHING 
$5- Y m  
PIYOTUC U- Ylm ?IN 
SIDf ,-L:J, VIEW 
EDIS4vE" 
U U ~ H  #KIV ;a ORBtTAL POSITW "A" 8ooM LATCH 
THE SOLAR BOOM PIVOTS ABOUT A HINGE POINT ON THE CROSS-OVER TRUSS. TORQUE IS 
PROVIDED BY REDUNDANT ELECTRICAL LINEAR ACTUATORS ACTING THROUGH A MOMENT ARM 
ABOUT THE HINGE LINE. THE ACTUATORS ARE EACH CONNECTED TO A COMMON IDLER ARM 
WHICH PERMITS THE OPERATING ACTUATOR TO PULL THE BOOM UP USING THE OTHER 
ACTUATOR AS A RIGID LINC. THIS SYSTEM PERMITS FULL BOOM DEPLOYMENT BY FULL 
STROKE OF EITHER ACTUATOR OR PARTIAL STROKE OF BOM. THE ILLUSTRATION SHOWN 
IS FOR DEPLOYMENT BY THE PRIMARY ACTUATOR LOCATED IN THE CROSS-OVER TRUSS, 
THE BOOM LATCH LOCATED AT THE UPPER CAP ENDS, CONSISTS OF A STEEL WEDGE PIN 
DRIVEN BY A COMPRESSION SPRING, A PIVOTING ARM RETAINS THE PIN UNTIL THE MATMG 
BOOM END PUSHES THE ARM BACK ALLOWING THE PIN TO THRUST THROUGH THE BOOM LUG, 
THE BOOM LUG IS THEN WEDGED TIGHTLY BETWEEN THE PIN AND THE CROSS OVER FITTING. 
SDLAR BOOM ACTUATOR 
THE ACTUATOR, WHICH IS SIZED FOR GROUND TEST 
OPERATION, IS AN AIRWRNE ACCESSORIESMODEL L-16 
LINEAR ACTUATOR. THE ACTUATOR HAS A PLANETARY 
GEAR DRIVE AND USES A 1/21NCH ACME SCREWACK 
WITH A WORKING STROKE OF 10 INCHES I T  IS EQUIPPED 
m n i  LOAD LIMITING DEVICES AND HAS THE FOLLOWING 
CAPABILITY: 
REPEATED CYCLE OPERATION - 500-1000 L B S  
MAX. OPERATING LOAD - 1700 LB. 
ULTIMATE STATIC LOAO -no0  
SPASECRAFT SEPARATION 
REDUNDANT SETS OF FOUR HI-SHEAR 
CORPORATION SEPARATION NUTS ( S N 7 0 p 4  
ARE UfEO TO TIE THE SPACECRAFT TO 
M E  ADAPTER. AN ELECTRICAL SIGNAL 
FROM THE LAUNCH VEHICLE INIiIATES 
REDUNDANT SQUIBS (SINGLE BRIDGE WIRE 
AWLLO STANDARD INITIATORS - SBMI'SJ 
AT Ucn  PRIMARY NUT ON THE ADAPTER. 
BACK-UP CAPABILITY IS PROVIDED THROUGH 
THE SPACECRAFT COMMAND SUBSYSTEM 
TO INITIATE THE NUTS ON THE EVM, 
SEPARATION VELOCITY OF 2 F.P.S IS 
PROVIDED BY FOUR SPRING ASSEMBLIES 
A L L  SQUIBS ARE ACCESSIBLE ON THE LAUNCH PAD. 
Ed 
SOLAR PANEL RETENTION AND 
THE S)LAR PANELS ARE HELD IN A BOX ARRANGEMENT WRING LAUNCH 
BY HI-SHEAR EXPLOSIVE BOLTS WITH WAL swa SQUIBS u c n  PANEL 
BEARS AGAINST TWO BROAD TmPERATURE RANGE ELASTOMER'C !BU& 
BlNG PADS ON THE EW. THE SNUBBING PADS,WHICH PROVIDE LOAD 
ISOLATION, E R E C T  THE PANELS TO A SLIGHT CURVATURE AS THE 
m L T S  ARE TIGHTENED DURING INSTALLATION. WHEN THE BOLTS ARE 
FIRED, ONE HALF OF EACH PANEL ROTATES 90' ON A TDRSlON SPRING 
LOADED HINGE AND IS LOCKED INTO POSITION BY THE HINGE. 
2.3 SPACECRAFT SUBSYSTEM 
2.3.2 THERMAL SUBSYSTEM 
The thermal design has been evaluated through analysis and full scale thermal vacuum testing 
which provides the equipment and experiments with the required environment. 
Passive and semi-passive techniques are used in an optimum manner to  obtain temperature 
control and reliability necessitated by the two year mission requirement. Coatings, insulations 
and/or special finishes are used on the solar array booms, the X-frame the space viewing platform 
and the reflector. State-of-the-art materials are used on all but the X-frame The coating concept for 
the X-frame while flight and ground tested, requires some development t o  obtairr the specific 
properties required. This coating is the Selies Emittance coating with :he generic designation of 
"second surface mirror" which has optical properties of a = 0.05 and r = 0.10. It is used on the 
radiator panels of the EVM to obtain the low value of a required (a = 0.1 5) and the long term 
stability. The semi-passive elements of the subsystem are located on the EVM to provide 
temperature control of equipment whose heat dissipation range varies from 83.5W to 328.7N. These 
heat dissipators are located on the North ard South facing bays of the equipment section. Heat 
pipes are built into the mounting panels to  diffuse the heat generated by high heat dissipators and 
to provide a more efficient radiator. Shutter assemblies are radiatively coupled to the panel and vary 
the rate of heat rejection as a function of panel temperature. Seasonal solar heat inputs are 
accommodated by the use of low a and E coatings and the efficient shutter design. Super-insulation 
covers all surfaces of the EVM not used for heat rejection, optical or rf apertures. Internal structure 
and components are painted black to maximize internal heat transfer. Interface conductance of 
joints in the structure and between components and structure is improved by using silver filled 
silicone grease and an optimum bolt spacing pattern. 
Thermal Performance 
The semi-passive design concept was selected after studies had shown that passive systems 
using heaters were incompatibke with long life and narrow temperature control. The selected design 
was subjected to worst case analyses, the results of which are summarized in Table 2.3.2-1. It should 
be noted that the data presented in this table are the average equipment panel temperatures for the 
Thermal conditions indicated. Local panel hot spots, such as the mounting pads for TWT's, wil! be 
at higher temperatures. Further data on radiator panel gradients is contained in Sections 2.2.3.1.2 
and 3.2.2.1 of Volume 1 B. One transient analysis performed investigated the requirements imposed 
on the thermal control system during the launch to injectior: mission phase for two cases: a three 
axis stabilized, earth oriented mode, and a "toasting" mode in which the L/V major axis is aligned 
normal to the sun and rotated 230 degrees and back to zero degrees every 6 minutes. Satisfactory 
performance of the thermal subsystem was observed in both modes. See Figure 2.3.2-3. 
;'he orbital temperature profile of the North panel of the solar array is presented in Figure 
2.3.2-1. Warm up characteristics of external fuel lines as a function of heater power are presented in 
Figure 2.3.2-2. 
Primary emphasis was given to theX-framewhose thermal distortion is s~gnificant o mission 
performance. An error analysis indicated the maximum temperature differential between opposing 
struts was 32OF while the circumferential gradient must be < 5OF. A parametric analysis was 
performed base4 on several values of coating properties and two different days of the year. This 
analysis showed the series emmitance tape coating met the requirements. See Figure 2.2.2-4. 
Subsystem Components 
The basic components of the thermal subsystem are shutters, coatings, insulation and heat 
pipes. The proposed shutter system was originally used on the Mariner SIC series. Details of 
construction are illustrated in Figure 2.3.2-5. Heat rejection efficiency illustrated on Figure 2.3.2-6 
indicates a maximum value of effective emissivity of almost 0.8. Tests have yielded even better 
performance. A maximum value o i  effective emissivity used in the analysis of ATS F&G was 0.7, 
which is obtained with a shutter angle of 60 degrees. A maximum shutter angle of 75 degrees is used 
on the equipment section shutters to limit solar heat input. In the experiment section, the full 90 
degrees is used. 
EQUINOX 
150 r 
ORBIT TIME (HR) 
Figure 2.3.2-1. Solar Array Orbital Temperature 
Profile 
T IME (H R) 
Figure 2.3.2-2. Warmup Characteristics of External 
Fuel Lines 
Figure 2.3.2-3. EVM Average Temperature During Figure 2.3.24. X-Frame Temperature 
Launch Profiles 
NOTE: Nom~nal  EVM WrnperaUrc regurremcnts are 50 t o  
sf;" F wlth a maximum s t r u c s m l  gradrcnt ( L  T) of 27" I?. 
Table 2.3.2-1 . Thermal Performance, E'r'M 
Temperature Distribution 
- 
& 6 E 3
'4 
.: _ 2 
E 4 
Tlme o l  
Hot Case  
Ofi00 
Winter 
Solshce  
li4. 2 
87.5 
88.9 
88.2 
72.4 
83.2 
75.2 
66.2 
88. 1 
22.7 
57.4 
73.7 
81.5 
17.0 
Panel 1 
Panel 2 
Panel 3 
Panel 4 
Panel 5 
Panel (i 
panel 7 
Panel 8 
Primary AT Structure  
Pr lmary  LT Structure  
North Panel 
south panel 
P r i m a r y  AT Slructure  
P r i m a r y  A T  Structure 
Dsy and Time 
Hot C a s e  
1800 
Summer  
S o l s t ~ c e  
lili. I 
83. ti 
8U.rr 
li1.2 
li8.5 
79.5 
71;. 2 
85.f; 
84.8 
22.2 
75. :i 
I .  
75.5 
11.4 
ol Year  
Cold C a s e  
1200 
Autumnal 
Equlnok 
61.4 
76.4 
7:i.3 
5 8 . 9  
58 .7  
69 .3  
13. 1; 
60.2  
58.  Y 
14.2 
51;. 0 
fi1.0 
59.5 
7. U 
Figure 2.3.2-7 represents analytical estimates of solar heat flux absorption by the louver 
assembly. The analytical techniques used have been verified on Nimbus I, I1 and 111. A detailed solar 
simulation test of shutter-panel assemblies is planned for Phase D. 
Panel heat  pipes are proposed fo r  the radiating panels of the EVM experiment 
section. These  heat  pipes, flanged extrusions,  will be bonded and riveted to  the 
experiment section panels. Stainless steel cloth, 100 mesh,  is used fo r  the cap- 
il lary and ammonia is the working fluid. These  heat  pipes are s imi la r  to  ones  
developed under contract  to NASA-ERC. The  ATS F&G hea t  pipes will be smal le r  
(0.312 inches ID) s ince  lower capacity is required and lengths a r e  shorter .  
Two of the coatinqs proposed for ATS F&G are relatively new but have been flight and 
ground test proven. These are Series Emittance coatings, one with an a < 0.15 and E 2 0.8 and one 
with a a = Q05 k .O1 and E - 0.01 k 0.02. The first is obtained by vapor depositing silver on a 5 
mil sheet of FEP teflon, while the second is obtained by vapor depositing an opaque film of silver 
on 2 mil kapton and depositing a thin film of A1 2 O3 on the silver. These coatings or similar ones 
have been flown and considerable laboratory data is available on their stability characteristics. Long 
term stability is the prime requisite for ATS F&G coatings since the mission life is two years. 
Standard super-insulation will be used on ATS F&G, consisting of 30 layers of wrinkled, 
aluminized 114 mil mylar. These blanket assemblies will be protected by 2 mil kapton cover sheets. 
Figure 2.3.2-8 shows data for this type of insulation. 
Shutters-The shutter assemblies, shown in detail in Figure 2.3.2-5 are bimetallic actuated. 
Individual shutter blades (Figure 2.3.2-9) are thin, honeyromb elements, bent at the edges for 
stiffness and better c1b;ure. 
Coatings-Several types of coatings have been selected for ATS F&G based on load 
requirements as shown in Table 2.3.2-2. 
Heat Pipes. The  panel heat  pipes proposed fo r  the radiating panels of the 
experiment section will be individually fabricated and attached to the ou te r  surface 
of the panels as shown on Figure  2.3.2-10. These  pipes will be  fabricated f rom 
extrusions incorporating mounting flanges. Rivets will be used f o r  mechanical 
strength and silver-filled epoxy fo r  thermal  conduction at the interface. Welded 
end seals will be used t o  c lose  the sys tem;  one end seal incorporating a fi l l  tube. 
The working fluid, ammonia, will be filled through this tube which wiliabe sub- 
sequently crimped and welded. 
Table 2.3.2-2. Location Requirements 
For Coatings 
Figure 2.3.2-1 0. Configuration of Heat Pipes 
Coating 
Series 
Emittance 
Black paint 
Alodine 
D4D 
Series 
Emittance 
c 
so. 8, 
~ 0 . 8  
50.1 
-0.8 
0.1 L 0.01 
Location 
Radiators 
Internal 
(Y 
SO. 15 
- 
Structure 
SO. 3 
Structure 
Boom 
: 0.01 

2.3 SPACECRAFT SUBSYSTEM 
2.3.3 CONTROLS 
The controls subsystem maintains requisite spacecraft attitude in orbit by use of: ( I )  sensing 
systems that reference t o  Earth, Sun, and Polaris; (2) a servo system; and (3) a reaction system. 
DESCRIPTION 
The subsystem consists of two controllers with common sensors and actuators. The 
acquisition controller (ACO) processes analog signals from both rate and position sensors, 
establishes logic thresholds, provides series compensation for stability and supplies low level control 
signals to  the momentum wheel and jet controller (MWJC). The primary function is to acquire and 
maintain yaw axis pointing to the local vertical as determined by an Earth sensor (ES) and to 
acquire and maintain Polaris in the pitch-yaw plane as determined by a Polaris tracker (PT). The 
Sun sensing system is implemented with coarse analog "eyes" t o  provide an unlimited field of view 
which when combined with a gyro rate sensing system assures acquisition from all orientations and 
rates. The primary fut~ction is implemented by a hydrazine reaction control subsystem (RCS). A 
secondary ACO function is to back up the operational controller (OPCO). This secondary function 
is implemented as a Type 1 servo with momentum wheels as primary actuators. 
The OPCO processes digital and analog signais from both rate and position sensors, provides 
series compensation and control logic and supplies low level control signals to  the MWJC. Digital 
function generators are used to compensate the ES signals for ATS F&G orbit inclination as large as 
2 degrees, for apparent Polaris motion of 0.90 degrees and to  provide dynamic offset commands 
for !ow altitude satellite tracking. The primary functions are implemented as a Type 2 servo with 
momentum wheels as primary actuators. 
A seconlwy but required function of the OPCO is to use experimental sensors and S- and 
X-Band monor 15, for pointing and tracking. In addition, the OPCO can perform the acquisition 
function with . ~ u n d  station monitoring and support. A large field of view digital sun sensing 
system replaces the unlimited field of view analog system of the ACO in this backup mode. 
PERFORMANCE 
This acquisition of a three-axis reference frame, negative yaw axis toward the Earth, pitch axis 
in a southerly direction, and roll axis in the direction of motion, is achieved by the Sun sensors, 
Earth sensor, Polaris tracker and rate gyros providing error signals to the ACO which controls the jet 
actuators. 
The operational mode uses the OPCO. All requirements other than acquisition are essentially 
included within this mode, The key requirements within the operational mode are: (1) orient 
spacecraft in response to ground commands; (2) stabilize spacecraft during stationkeeping; and (3) 
in the presence of environmental disturbances; (4) compensate ground commands for orbit 
inclination and correct for Polaris apparent motion; ( 5 )  automatically track low altitude satellites; 
(6) provide backup control modes; and (7) provide reacquisition logic. Compliance with these 
requirements is obtained within two basic functions, static and dynamic pointing, performed in this 
mode. The various operating modes utilized in the performance of these basic functions are 
presented k the accompanying tables. The various modes of operation utilize various sensor systems 
dependent upon the type of function performed such that one or more of the mission objectives are 
satisfied. Static pointing will be performed with the primary sensors. It will also be accomplished 
with the X-Band monopulse system, the interferometer and the laser systems. For the dynamic 
pointing function, both open and closed loop tracking will be performed. 
Performance Data Performance Modes 
Operational and Experimental Modes 
Aqulsltlon Mode 
Primary Pointing Mode 
Statlc Polntlng: 0. 1' Up to 8 . G "  
t n . 1 4 ~ r p t 0  11.5- 
Statlnn Keeping: 0.5' Peak Er ro r  
(wlth Jet Back-rp) 
10 Mlnutes Settllng Time 
function 
Sun Llne Acqulaltlon 
lnltlal body rates 
Steady state roll-pltch e r r o r  
8 Steady state yaw rate 
Tlme to acqulre (nominal) 
Locnl Vertlcnl Aqulsltlon 
Inltlal yaw rate 
Steady state roll-pltch e r r o r  
Time to acquire (nominal) at 
sntcilftc noon 
Polarls AW.'rltion 
-- 
Sun Senaor blns ( n u ~ )  
Steady atate yaw e r r o r  
Time to r q u l r e  (nominal) 
6 hours after local 
v ~ r t l c a l  acqul8ition 
I X-Band Monopulec Mode 
Requirement 
r 1.5 d e ~ / s e c  
t 1.5 deg 
t 0.1 &g/sec 
10 mlnutes 
i 0.10 &g/sec 
t 0.3 deg 
JO mlnutes 
25 deg 
I 
t 0.5 dey 
10 mlnutes 
8 Pitch and Roll Er ro r :  t 0.22' 
RF  AXIS Llnc of Sight Errqr:  t 0.01' 
I Acqulsltlon R a c p  (R .  P): t 0.3" 
Closed Loop Tracklng 
Null S-Bpnd Er ro r  Slgnals. Results In R F  Beam 
Tracklng of Low A'!ftude Satellite to t 0.2'. 
Sennor 
Axla 
P.13 
P.H 
Y 
P,R 
Y 
P.11 
Y 
p.R 
Y 
P.R 
Y 
P.R 
Y 
Y 
P.R 
Y 
P.R 
Y 
Y 
P.R 
Y 
mnctlon 
Statlc Polittlng 
n>namlc 
Polnting 
Acqulsltlon 
Laser Operating Mode 
Max Pitch and Roll Er ro r s :  t 0.05' Blthln 8.6' 
t 0.08' Wlthln 11.5' I 
Static Polntlng: 
8 Polntlng Range: to ground station 
Acqulsltion Rnnge: i 13.5' I 
Sensor 
Ennh /Polaria 
X-Band Blonopulse/Polarls 
Interferometer/Polarrl 
P 
Interferometer/Polarla 
l a se r /Po la r l s  
Earth/Polarll 
S-Band Monopllse/Polar~s 
yaw Gyro /A~lOg  
Sun Sensor8 
- 
Yaw Gyro/Earth Sensor 
Yaw Cym/Dlgltal Sun 
Sensors/Earth/Polarls 
Mode 
Primary 
Monoprlse 
Interferometer 
Null Polntlng 
Interferometer 
Off Set Polntlng 
LDner 
Open Loop 
Trncklng 
Cloaed Loop 
Tracklng 
Sun ~ i n e  
Acqulsltlon 
1.aal  Vert. 
Acqu~slUon 
Polarls 
Aquisltlon 
Open Loop Tracklng %lode 
Tracks LowAltiPde Satellites with No Direct Er ro r  Measurement. 
For LAS wlth 
Apogee - 200 to 1000 N. 31. 
Eccentricity - Leas th&l 0.01 
lncllnatlon - Any 
Steadr State Er ro r  ' 0.4' 
A Prlorl Knowledge of Track to 
0.15' at 8.6'to 11.5' from 
Local Vertlcal 
0. IZ' a t  O'to 8.6 from 
Local Vertical 
Settllng tlme C 20 mlnutes 
Controller 
Actuator 
Dlgltnl 
(OPCO) 
Momentum Wheels 
OPCO 
Momentum Wheels 
OPCO 
Momentum Wheels 
OPCO 
Momentum H'heels 
- 
OPCO 
Momentum Whceln 
OPCO 
Momentum \\heels 
OPCO 
hlomentum \\'heels 
ACO/Jets 
ACO/Jets 
ACO/Jcts 
SOTE: Evinclve data fqr a l l  perlormance requirements have been developed during Phase C through 
analynls, almulntlons and breadboard tests. 


2 -3 SPACECRAFT SUBSYSTEM 
2.3.4 PROPULSION 
Tbe ATS FQG propulsion subsystem is a 12 engine assembly. single tank. single module 
hydrazine system. The propellant feed is operated in ablowdown mode. The engine assemblies can 
operate in either pulse o r  continuous mode. The same engine design is used for all  functions. 
A hydrazine system shown schematically in Figure 2.3.4-1 was selected because it offers 
operating simplicity, continuous low power thrusting capability, placenient of all co~ltrol valves in 
liquid flow service to minimize possibility of leakage, specific impulse of 210 seconds, and a flight 
proven propu!sion system. 
The biowdown mode of operation was selected because of its high reliability. All components 
were selected from qualified designs. The thrusters are of identical design reducing rost and 
development time. During Phase C breadboard, six thrusters were operated throughout the design 
thrust range. Tests included 100,000 pulsed firing cycles, 5.5 hour continuous operation and a total 
accumulated "on-time" of 15 hours to demonstrate soundness of design. The subsystem thruster 
mounting confiration is shown in F i r e  2.3.4-2. All station keeping thrusters are mounted on a 
plane contairi,.g the deployed spacecraft center of mass. These thrusters provide the functions of 
initial acquisition, orbit injection error removal, N-S and E-W stationkeeping, and stationchanging. 
They are operated in a continuous fving mode and have a specific impulse of 210 seconds. The 
attitude control thrusters are located about 2.5 1 feet from the deployed spacecraft center of mass 
for pitch and roll and 3.0 feet for yaw. They provide the reactive torques for wheel unloading and 
jet torques for stabilization of the spacecraft during experiments. The attitude control thrusters 
operate in a pulse mode and deliver a specific impulse of 100 seconds. The propulsion subsystem 
shown in Rgure 2.3.4-3 is built up a s  modules to simplify integration. The propellant feed is  of 
welded construction minimizing weight and leakage. The propellant tank uses a surface tension 
device to accomplish propellant expulsion and has a storage capability 25 percent Iarger than 
required, allowing for mission o r  spacecraft growth. The engines use single seat control valves 
to meter propellant into the catalyst bed. Sealing for control valves during boost phase is provided 
by latching valves. They also isolate groups of thrusters in case of component failure. 
Operation of the propulsion subsystem requires only an e l ec t r i~ l  signal to the propellant 
control valve to permit flow of hydrazine into a catalytic thrust chamber. There, the catalyst 
decomposes the hydrazine into ammonia, hydrogen and nitrogen pas (T - 1 800°F). These gases are 
expanded 'hrough a nozzle to produce t h s t .  
A key feature of the subsystem is high reliability through functional redundancy. Both North 
and South thrusters a re  provided for the N-S stationkeeping instead of one. Roll and yaw thrusters 
a r e  mutually redundant through orbital cross coupling. The pitch thrusters are backed up by 
redundant hydrazine thrusters. Leaky valves can be latched out until needed and campensated for 
during subsequent wheel unloading. This functional redundancy insures mission success even with 
the failure of any single rocket engine. 
SUBSYSTEM PERFORMANCE 
Thrust Level - I~~itial t nk pressure is 180 psia with 64 pounds of hydrazine. The tank has a volume 
of 5420 cubic inches of which 1760 are hydrazine and 3660 are gaseous nitrogen. The thrust level 
and tank pressure versus cumulative "on" time of the engine is shown in Figure 2.3.4-4. 
Specific Impulse - Test data on 0.1 Ibf t h s t e r s  obtained during the Phase C breadboard test 
program showra steady state specific impulse of 2 10 seconds and a pulse mode specific impulse 
ranging frcm 100 to 135 seconds depending upon the length of pulse. 'lest data is plotted in Figure 
2.3.45. 
Impulse Bit Uncertainties - Figure 2.3.4-6 presents a plot of the impulse bit uncertainty of a slngle 
pulse as a percentage of the nominal impulse bit value for the range of pulse width durations 
expected during the SAMW and SAPPSAC experiments. The impulse bit predictability at the 0.1 
lbf thrust level ranges from 5.4 percent for a 0.1 second pulse to 3.0 percent for a I .2 second pulse. 
This range covers the extremes of the requirements for attitude control and stabilization 
experiments. 69 
PROPULSION SUBSYSTEM COMPONENTS 
Rocket Engine Assembl~ 
The rocket engine assembly is shown in modular form in Figures 2.3.47 and 8. The thrust 
chamber assembly consists of an injector, reaction chamber and nozzle. The injector consists of a 
single capillary feed tube from the propellant control valve to the reaction chamber and a screen 
diffuser. The reaction chamber is fdled with a 30-35 mesh Shell 405 catalyst. The nozzle is designed 
for a gas expansion ratio of 55 to 1. 
The propellant control valve (also used for the backup cold gas propulsion function) consists 
of a single torque motor operating a flapper. When energized, the torque motor develops a torque 
on the motor armature which is transmitted to the flapper resulting in a stroLe that ooens the valve. 
The valve seat material is Teflon coated 1 7-7 ph CRES and the valve pcppet contains a Teflon seat. 
Latching Valve 
The latching valve (shown in the pneumatic module in Figure 2.3.4-9) is similar to the thrust 
chamber valve except that the two coil assemblies are wired such that one coil assembly is used for 
opening the valve while the remaining coil assembly is used to close the valve. The valve will 
maintain its last signalled position due to the negative spring constant of the permanent magnet 
until the opposite coil is signalled. A valve position indicator switch is also incorporated in the 
electromagnetic section of the valve to allow electrical monitoring of the valve position. 
Passive Expulsion Tank 
The passive expulsion tank consists of a surface tension propellant orienting device which 
is captured between two equatorially welded hemispheres made of forged titanium. The surface 
tension device consists of a tapered cross and splitter fabricated from sheet titanium. Additionally, 
a screen is  located over the expulsion port of the tank which serves as  a capillary gas barrier. The 
surface tension device is designed to achieve a propellant expulsion efficiency of 99 percent while 
subjected to the spacecraft "on-orbit" disturbance forces of the ATS F&G mission. 
FnL 
VALVE 
FILTER 
I 
,N r s N W S M U - U P  , 
Figure 2.3.4-1. Propulsion Subsystem Component Configuration 
CUMULATIVE THRUSTER "ON" TIME- (SEC X ) 
Figure 2.3.4-4. Thrust Level Decay Characteristics 
f 8i1700F SS-STEADY STATE 
T8i -INITIAL BED TDlP 
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Figure 2.3.4-5. ISp Average Vs On Time and Initial Bed Temperature for Thrust = 0.1 LBF 
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Figure 2.3.4-6. Pulse Mode Impulse Bit Predictability 
Figure 2.3.4-2. Rocket Engine Ideiitification and 
Axis Definition 
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Figure 2.3.4-7. Rocket Engine Module 
ten 
Figure 2.3.4-8. Attitude Control Module 
L TO E S T  ROCK€T 
EffilNE MDMkC 
Figure 2.3.4-3. Relationship in Spacecraft Figure 2.3.4-9. Pneumatics Module 
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2.3 SPACECRAFT SUBSYSTEM 
2.3.5 POWER 
The power subsystem provides direct energy transfer from the solar array to the load for 
maxin~um efficiericy. Energy storage is provided to support peak load demand and eclipse 
operation. Experiment interface circuit provides on-off and over-load control, noise suppression and 
isolation from the bus. 
The power subsystem consists of a two-fixed solar army perpendicular to each other as shown 
in Figure 2.3.5-2; two Nicad 12 AH batteries, a power regulation unit, 12 shunt regulators, two 
power controllers and a separation controller. 
Regulation is provided for tluee different modes. Whcn the solar array output is sufficient to 
support the load, a direct transfer of energy to  load occurs. As the load increases or the array 
output decreases. the batteries are used to support the load. When the load is less than the array 
capacity the batteries are recharged. If the array output exceeds both the load and battery charge 
requirement, the excess is dissipated in the shunt regulators. A bus voltage sensing circuit provides a 
reference to control the smooth transfer between modes. 
Overload protection, common experiment interface, and isolation are provided by power 
interface controllers. These are switches which sense excessive power demands and ramp off the 
malfunctioning experiment. Each interface controller is set to  a current level appropriate to the 
experiment with which it interfaces. Command rcsetahle circuit breakers are also included to 
provide overload protection for the power subsystem from malfunctions in the spacecraft 
subsystem. A time delay is provided to avoid tripping on transients. The separation controller 
provides for redundant actuation paths for all subsystems requiring release and deployment. 
Protection against premature actuation is assured by interlocking events and requiring both an 
enable and actuation command. Overrides are available for the interlock functions and an AGE 
bypass is provided for use during system test. 
The solar arrays are stored and snubbed to the EVM in the lallnch configuration and deployed 
on booms as illbstrated in Figure 2.3.5-2. The battery and Power Regulation Unit are housed in the 
EVM on bay 8 which provides a shuttered area for thermal control. The Power Controllers are 
located on the lower EVM equipment shelf. The shunt regulators are distributed in the EVM since 
they will dissipate only during periods of relatively light power drain. The separation controller is 
located in bay 7. 
Subsystem Performance 
The subsystem provides regulated power in two qualities: 2 9 . W  + 2 percent. -3 percent to all 
spacecraft subsystems and 28V i2 percent to all experiments. The solar array output Wries between 
725 and 400 watts initially at equinox decreasing to between 587 and 335 watts in two years at summer 
solstice. Use of the batteries in shallow eharge/discharge cycle results in an average po3?.er 
available to the  load of 530 watts to 439 watts under the same conditions. Peak power capability of the 
subsystem as a function of life, season and load magnitude and duration is shown i n  Figures 2.3.5-3 
and 2.3.5-4. 
Prelaunch and launch power requirements are supplied by two 12 ampere-hour batteries. 
Sufficient energy is stored to permit over four hours on internal power prior to launch and attain- 
ment of synchronous altitude, with fully charged batteries to support the deployment loads. Re- 
charging is done by using the power available from the folded array during the transfer orbit. The 
spacecraft load of 130 watt-hours is supported by the batteries during the yearly eclipse periods. 
The nominal ripple has been measured at 10 mv pp with a maximum of 80 mv pp when the 
batteries are supporting a high load. 
Figure 2.3.5-3. Peak Power Capability 
The curves at left illustrate the performance of 
the power subsystem. The upper curve shows 
the maximum capability of the subsystem to 
support peak loads as a function of the duration 
of the load. The differences between the equi- 
nox and solstice seasons of the year, as well as 
the beginning of life and two year design points, 
a r e  a lso  illustrated. Notice that the peak 
spacecraft load requirement (ITV experiment), 
l e s s  than 420 Watts for four hours, l i e s  well 
below the summer solstice conditic;; a t  the two 
year design point. 
The seco~ld  curve again illustrates the peak 
!oad capability of the subsystem. This curve 
illustrates the battery depth of discharge at 
2 yea r s  a s  a function of sun t ime with a 420 
Watt load of four hour duration. 
63 1 - - 
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START T a E  (nS) 
Figure 2.3.5-4. Battery Depth of Discharge for 4-Hour 
Peakload This curve illustrates the high degree of effi- 
I- ciency exhibited by the power subsystem elec- 
tronics. The data was obtained from the Phase C 
Id subsystem breadboard testing and includes an 
t internal component temperature range of 40°F 
to 100°F, and array characteristic extremes. 
CROSS HATCHED AREA 
Y REPRESENTS MEASURED Notice that the user load power region of 300 to 
W DATA OVER EXTREMES OF TEMPERATURE AND FULL 600 Watts, where load sharing takes place during 3 7 0  RANGE VAR~ATION IN 
SOLAR drlRAV various times of the mission, benefits from the 
I- V) CHARACTERISTICS 
> highest efficiency (over 96 percent). This results 
m 
loo 200 rn 400 500 600 700 in a smaller solar array, fewer battery cells in 
V) OUTPUT POWER. WATTS series (smaller, lighter battery) and improved 
Figure 2.3.5-5. Power Regulation Unit Efficiency battery charge to discharge efficiency. 
. YEASURED DATA 2 '* 1 . TEMPERATURE EXTREMES 
ARRAY CMARACTER'STIC 
This curve illustrates the bus voltage regulation 
characteristics where the Power Regulation Unit 
was stressed by temperature extremes (40°F to 
100°F) and worst case solar array short circuit 
current and open circuit voltage. The curves 
were plotted from measured data from the Phase 
C breadboard test program. 
Notice that the envelope of all voltage excur- 
sions lies well inside the-* two percent specifidit- 
0 100 X)O 100 400 500 go0 7 0 0  
USER LOAD POWER (WATTS) tion limits shown as dotted horizontal lines. 
Figure 2.3.5-5. Voltage Regulation 
Component Description 
Solar Array - Solar energy i s  converted to electrical power by 36,208 cells (2x2 cm) interconnected to 
form 12 stringsof 72 cells in series. Each string has 8 or  10 cells in parallel on two sides and 10 to 
12 with bypass diodes on the other side to compensate for shadowing during the solstices. Cells a r e  
interconnected with silver mesh using a GE developed technique for controlling solder deposit 
thickness. The array i s  arranged on two platforms each consisting of two interchangeable panels 
with cells on both sides. The cells a re  N/P, 2 ohm-cm cells having an 11 percent conversion 
efficiency. 6 mil microsheets with blue filters provide radiation shielding. Taps a r e  provided at the 
42 cell point in each string to permit shunting excess array power during cold array or light load 
operating conditions. 
Battery - The energy storage system uses two parallel batteries consisting of 19 series-connected, 
nickel-cadmium cells. These cells are a space proven design with a minimum capacity of 1 2 ampere- 
hours. The cells which are assembled into the batteries are electrically matched. The depth of 
discharge and operating temperature range were selected for two year design life. Each battery has a 
separate regulator set for a charge limit of C/10. This is to ensure a safe operating temperature 
environment and to provide for simplified control electronics. Provision is made for back-up charge 
mode and over-temperature cut-out. Figure 2.3.5-4 shows the battery depth of discharge in a 4-hour 
peak load. 
Power Regulation Unit - The bus voltage reference sensing and mode control i s  done by this unit. It 
contains battery charge regulators, redundant battery boost regulators, shunt regulator driver and 
failure detection circuitry. 
The battery charge regulator i s  a series dissipative regulator and is backed-up by a resistive 
path controlled by ground command. The boost regulator is a pulse width modulated nondissipative 
400 watt regulator. Common input/output filtering i s  used to achieve smooth transfer during 
switchover to the redundant unit. A failure detector i s  inc!uded which senses out of limits regula- 
tion and switches to the backup regulator. Redundancy and command override of this function a re  
provided. Power regulator efficiency i s  shown in Figure 2.3.5-5. 
Shunt Regulator - The Shunt Regulator maintains the main bus voltage constant when the solar 
array provides all of the spacecraft power. Output voltage is sensed and when changes are sensed, an 
error signal is generated. This error signal controls the rutput voltage so that the main bus voltage is 
kept within the specification limits (29.5 V + 2 percent, -3 percent). Figure 2.3.5-6 shows the bus 
voltage regulator characteristics. 
Power Controllers - Two power controllers are used to  control distribution of power to 
housekeeping and experiment loads. Experiment power interface control (PIC) elements consist of 
series regulators controlled to  provide on/off control and power subsystem protection against 
overloads. Each experiment draws power through its own resetable PIC, thus isolating the 
experiments from the bus and from each other. The power subsystem is protected against overloads 
by the secondary regulators and by electronic resettable circuit breakers. 
Separation Controller - The backup separation and deployment functions are controlled by ground 
command via the separation controller. Redundant firing circuits are provided for each function. 
Each function is interlocked to the completion of the previous function. Both enable and actuate 
commands are required: Command override is provided for all interlock functions. An AGE inter- 
face is provided to permit test sequencing of the separation and deployment functions. The con- 
troller also contains the actuation circuits associated with COGGS arid the enabling of the back-up 
cold gas attitude control thruster. 

2.3 SPACECRAFT SUBSYSTEM 
2.3.6 'TRANSPONDER 
The transponder is a multiple frequency, single conversion design using common IF processing 
to achieve the upldown comniunications links necessary for accomplishing experiment objectives. 
DESIGN 
The integrated configuration performs the following functions: 
X-Band/S-Band monopulse processing 
(spacecraft pointing) 
X-Band to UHF, 850 MHz repeater 
X to L/L to X-Band repeater 
X-Band to X-Band repeater 
X to  S/S to  X-Band repeater 
X-Band receive/FM demodulation 
X-Band tr;lnsmit/FM modulation 
X-Band to IF translation 
X-Band beacon transmit 
The functional block diagram (Figure 2.3.6-1) provides the relationship of all major 
transponder components. The three X-Band receivers proLided are individually connected to  
corresponding IF processors. The S- and L-Band receiver outputs are connected to all three IF 
processors. The IF processors outputs are connected to S, L and X-Band transmitters via multiple 
input RF drivers. This cross-strap design of both the receive and transmit functions assures the 
capability of maintaining data link of any experiment in the event of an IF processor failure. 
The IF processors perform the filtering, AGC, and synchronous demodulation of data 
utilizing the phase locked receiver. Additionally, it contains a VCO to perform the frequency 
modulation function for on-board experiment data in conjunction with the data switch. The R~ 
drivers perform upconversion and amplification of the IF output signals for input to the 
transmitters. 
PERFORMANCE 
Tne overall communications system performance for the X, L, S-Band and UHF transmit/ 
receive links is shown in Table 2.3.6-1. 
Receive 
The transponder receive characteristics are defined in Table 2.3.6-2 and contain the noise 
figures used in the G/T computations of Table 2.3.6-1 (Noise figures include fitter, circulator and 
switch losses). The received signal strengths represent, at least, a 5 dB margin over that prestntly 
calculated for any one of the links. 
The transponder response characteristics as they relate to the modes of operation are shown 
in Table 2.3.6-3. 
IF  Processing 
Three bandwidths, 40 MHz, 12 MHz and 2 MHz are provided. The filters for these bandwidths 
in conjunction with the receive and transmit filters, preamplifier and power amplifiers response 
characteristics, combine to  yield the overall passband and group delay characteristics of Table 
2.3.6-3. All filters except for the X-Band transmit filter have a maximum of five pole filters, thus 
insuring stability. The X-Band transmit filter is a sevcn pole, 0.1 dB (Chebyshev type) to eliminate 
TWT noise in the receive band. 
Group delays shown are based on a combination of Phase B&C breadboard data and analytical 
design of the filters and amplifier response characteristics and are compatible with all of the planned 
cxperimen ts. 
Transmit 
The transmitter performance characteristics are provided in Table 2.3.64 and are used in 
computation of ERP of Table 2.3.6-1. The design u.ses solid state transmitters at S-Band, L-Band 
and UHF. This results in size, weight, and power savings. A space qualified TWT is used for X-Band. 
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Table 2.3.61. Communications System Performance 
Table 2.3.63. Transponder Response Characteristics 
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COMPONENTS 
Receivers 
Each X-Band receiver  is preceded by a switch and duplexer which se lect  two of the 
t h r e e  possible receiving antennas: thirty-foot parabola (monopulse input), ea r th  coverage 
horn, o r  interferometer horns. Tho receiver  preamplifiers use a low noise (6 dB) tunnel 
diode f ront  end, followed by a mixer  which t ransla tes  the received signal down t o  IF. The 
S-Band receiver  uses  a t r ans i s to r  amplifier  t o  achieve a low noise f igure (3. 8 dB) f o r  the 
data  relay link. The overal l  noise figure is held to  less than 4.7 dB, The L-Band receiver  
uses  the tunnel diode preamplifier  developed fo r  ATS-E with a noise figure of 5.5 dB. 
IF Processor- 
The IF processor provides selectable 40 MHz, 12 MHz and 2 MHz filtering and a synchronous 
demodulator for the PLACE Experiment. A unique AGC system is provided which prevents noise 
figure degradation under minimum gain conditions. The IF processor selects either the X-Sand, 
S-Band or L-Band receiver, provides the appropriate filtering then outputs the signal to the 
transmitters, the data switch for FM demodulation, the interferometer, or demodulates the signal 
for outputting to the phase modulators located in the X-Band or L-Band drivers. 
Transmitters 
The X-Band transmitter uses redundant 20-Watt TWT's, which were flown on TACSATCOM. 
All driver stages provide the up-conversicn from the IF frequency, and provide sufficient drive to 
the final power amplifier stage. The S-Band, L-Band, and UHF transmitters all use 10-Watt 
transistor as a building block. The 10-Watt stages are summed to yield the required output power. 
The transmitters consist of: five 20-Watt stages at UHF (four required), five 10-Watt stages at 
L-Band (four required), and three 10-Watt stages at S-Band (two required). Breadboard testing 
during phase B&C verified the feasibility of these power levels. 
Monopulse Processors  
Monopulse p rocessors  a r e  provided at X and S-Bands to  allow on-axis po~i t ion ing  of the 
31)-foot antenna beam. The difference channel inputs are t ime multiplexed yielding a PAM 
signal which is used t o  biphase modulate a 1000-Hz clock. The multiplexed difference 
channel signals a r e  then combined with the s u m  channel signal using a 13-dB coupler. The 
13-dB coupler provides adequate monopulse operation while not adding significantly to  the 
noise figure (loss , 0.3 dB). During phase B&C the monopulse p rocessor  was breadboarded 
and tested verifying a difference to  sum channel phase tracking of better  than 15 degrees. 
Phase Lock Receiver and Frequency Synthesizer 
The frequency synthesizer and phase lock receiver generate the necessary local oscillator 
frequencies for the translation of received signals when in a noncoherent or coherent operating 
mode. The frequency synthesizer employs redundant crystal oscillators with short term stability of 
better than 5 x 10-9 per 10 milliseconds, providing an accurate, stable source for experiment 
operation and interfenmeter measurements. 
When in a coherent mode ss required for PLACE and Data Relay, the phase locked receiver 
osciilator replaces the crystal oscillator in the frequency synthesizer. A 500 Hz single sided loop 
bandwidth provides for rapid acquisition. and a tracking range of greater than 50 ppm at X-Band 
allows for compensation of oscillator drift to achieve an accurate downlink frequency for PLACE 
and Data Relay. During phase B&C the phase locked receiver was built and tested verifying all 
performance parameters. 
Data Switch 
The data switch contains the discriminator for demodulation of FM signals with more than 25 
MHz RF bandwidths. The data switch also contains the necessary summing circuitry for combining 
the Radiometer and High Resolution TV data, the switching necessary to select the modulating data 
source: Laser data, data cross-strapped irom the discriminator, either telemetry encoder output, or 
the combined Radiometer and High Resolution TV input. 79 

2.3 SPACECRAFT SUBSYSTEM 
2.3.7 TELEMETRY AND COMMAND 
The subsysteni is designed with a high degree of flexibility through the use of distributed 
remote decoders and multiplexers and high reliability through the use of a flight proven design 
approach and cornponents and the judicious application of design redundancy. 
Description-The Telemetry and Command Subsystem transmits spacecraft data to the ground, and 
-
receives and distribuies ground commands to  the spacecmft. The subsystem also provides timing 
signals to the spacecraft. A simplified block diagram is s!!own in Figure 2.3.7-1. This system is 
compatible with the cxisting ground stations. 
A distributed subsysten. is used with remote telemetry muitiplexers and remote command 
decoders !ocateo throughout the spacecraft as shown in Figure 2.3.7-2. This approach reduces 
spacecraft harness weigh: and complexity, and provides a flexible means of integrating the 
spacecraft and experiment subsystems. Tthe telemetry portion employs redundant VHF trans- 
mitters and central encoders, and 26 remote multiplexers to multiplex, format, and transnit to the 
ground analog and bilevel digital data. The analog signal accuracy is 0.3 percent rms of full scale. 
Included in each minor frame is a 36 bit binary coded decii~?al time code. Synchronization signals 
and referencz frequencies are provided by the central encoders. A constant current source, gated on 
selected analog channels, allow readout of various transducers. A commandable dwell capability 
exists which allows for continuous readout of any main deck channel. The central encoders also 
receive PCM biphase data from the Environment Measurements Experiments (EME) for transmis- 
sion over either transmitter. A PCM data output is provided to allow transmission of telemetry or 
EME by the transponder. 
The command portion has the capability of receiving and disrributing 5 12 pulse and 32 
magnitude (digital) commands equally divided i i ~  eight remote decoders. The subsystem employs 
redundant command receivers and demodulator/centml decoders, and eight primary and eight 
redundant remote decoders. All units are cross strapped to allow use of any part of the command 
portion with any other part. Provision is made for temporary storage of the received data in the 
central decoder until verification by the ground station via telemetry. The central decoder also has 
the capability of providing 7 tone commands to the attitude control subsystem for ground- 
controlled pointing experiments (SAMOC/SAPPSAC). No interface exiais with the launch vehicle 
T&C. During launch and ascent, near omnidirectional coverage is provided by a 4-whip turnstile 
antenfia located around the experiment module. During on+rbit operation, near omnidirectional 
coverage is provided by two orthogonal whips located on the solar panel boom. In addition, a high 
gain antenna results from the use of the launch ascent turnstile with the 30-foot reflector. This 
increased gain can be used for increased margin in the EME data link and performing the 
SAMOC/SAPPSAC experiment. 
Performance-The subsystem key performance parame ters are listed in Table 2.3.7-2 for the 
telemetry subsystem and Table 2.3.7-3 for the qomrnand subsystem. 
COMPONENT DESCRIPTIONS 
Transmitter - Four 5-Watt PCM/PSK/PM transmitters are provided, two a t  136.23 MEz, 
and two a t  137.11 i H z .  An isolater i s  used to prevent interference with the command re- 
ceivers. The components are modified ATS A-E transmitters and one is shown in Figure 
2.3.7-3. 
Central Encoder-The central encoder interrogates the multiplexers, encodes and formats the 
multiplexed analog and digital data. The component also accepts a 36-bit time code for inclusion in 
each minor frame. This component provides signals for synchronization and seven refererace 
frequencies. Five of these reference frequencies are used for experiments. This component is similar 
to a compoqent built for HS320. 
Remote Multiplexer-The remote multiplexer accepts a Tabl 2.3.FI.  Multip,om 
PAM signal consisting of multiplexed analog and digital Data Conrbin2tions 
data a ~ d  transfers it to the cdntral encoders. The remote 
multiplexers can be operated in any one of the four modes 
shown in Table 2.3.7-1 whicl; simplifies the interface with 
the experiments and subsystems and easily accommodates 
changes. The remote multiplexer can gate an accurate 
current source to  allow readout of transducers such as 
thermistors, or potentiometers. Power to  the remote 
multiplexers is turned on only during the sample time, 
thereby reducing average power dissipation. This com- 
ponent is similar to one built for the HS320 program and 
is shown in Figure 2.3.7-4. 
Command Receiver-Two receivers are provided, one receiving at 148.26 MHz and one at 154.20 
MHz. The modulation is FSK/Ad. The receiver provides a baseband signal t o  the demodulator/ 
central decoders. The command receiver is the A'TS A-E design and is shown in Figure 2.3.7-5. 
Demodulator/Central Decoder-The demodulator portion demodulates the baseband sigtlal 
f rom the receiver,  a& outputs a digital signal to the ccatral decoder and/or the tone com- 
mands f o r  the SAMOC/SAPI?SAC experiment. T h e  centra l  decoder portion accepts  the  
digital signal f rom the demodulator and a f te r  verification, accepts  the 16-bit command word. 
The command format is shown in  Figure  2.3.7-6. The  command word is s to red  i n  the 
centra l  decoder and a f te r  verification through telemetry,  the last twelve bits  of the command 
message are shifted to the  proper  remote  decoder fo r  execution. This  component is 
s i m i l a r  to a design used on TACSAT and IB320. 
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Figure 2.3.7-6. Input Command Word 
Remote Decoder-The remote decoder accepts the command message and for a discrete command, 
selects and executes one of 64 possible commands. A magnitude command is shifted to one of four 
inagnitude command users. The power to the remote decoder is turned on only when executing a 
corn nand, thereby reducing average power. This component is similar to  one built for the TACSAT 
and HS320 program and is shown in Figure 2.3.7-7. 
Antennas-The Launch, Ascent/High Gain On-Orbit Antenn? is comprised of four whip antennas 
-- 
mounted on the E'dM. The four whips are fed in phase quadraiure to  generate circular polarization. 
Progressive 90degree phasing for the four whips is illustrated in Figure 2.3.7-8. The On-Orbit 
Antenna consists of two orthogonal whips mounted on the extreme end of one solar panel. A 
9Odegree hybrid is employed to generate circular polari~ation (Figure 2.3.7-9) feeding the two 
whips 90 degrees out of phase. 
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2.3 SPACECRAFT SUBSYSTEM 
2.3.8 REFLECTOR 
The Phase C activity conducted jointly by GE and LMSC has emphasized in depth analysis 
and breadboard testing in order to develop the Flex-rib reflector to the preliminary design stage. 
HARDWARE DESCRIPTION 
A composite drawing of the reflector's design &tails is shown in Figure 2.3.8-1. 
The assembly consists of 48 ribs, a highly tensioned parabolic wedge-shapid mesh 
reflecting surface, a center hub containing r ib  pivots and adjustments, and retention 
and deployment hardware. The Phaae C baseline mesh is constructed of silicone- 
protected copper coated Dacron. Recent test results have shown that the copper 
coating is susceptible to flaking, thereby not sufficiently protecting the IBcron from 
UV induced strength degradation. It is proposed for  Phaee D that a metallic mesh 
(Chromel-R) be investigated for  this application. 
Optimum rib design is the key to meeting the requirements given as part of Table 2.3.8-1. Tile 
ribs are flexible semi-lenticular aluminum members, parabolically contoured and chemically milled 
into a stiffened web beam pattern. This type construction shown in Figure 2.3.8-2 has been proven 
by comparisons to other rib constructions via breadboard vibration and furl/unfurl tests, and will 
meet the conflicting requirements of weight, torsional, vertical and lateral stiffness, wrapping 
flexibility and unfurling characteristics. The RF mesh, fabricated from tapered segments bonded 
together, is stitched to the ribs through grommets. The ribs are attached to a center hub through 
spring loaded root hinges connected to adjustment mechanisms for fine contouring. The hub 
assembly is a magnesium torus with a channel cross section. Twenty-four spring loaded doors 
provide closure for the stored rib and mesh assembly. Door restraint is provided by a hoop cable 
which is separated by a cable cutter at deployment. 
Thermal distortions are minimized by coating the ribs with aluminized tapes and white paint. 
Hub thermal distortions, highly influential to rib tip motions are minimized by use of drop curtains 
over the open cavities. The spacecraft interface design minimizes hub warpage by thermally 
coupiing the mating rings via a common insulation blanket. Use of black paint on facing surfaces, 
use of common material, magnesium, for the interface structure, and a mechanical attachment top 
and bottom, which eliminates hub flange bending, also serve to minimize spacecraft-induced 
reflector distortions. 
OPERATION 
The reflector is stowed by rotating each rib 90 degrees, flattening rib camber and bending the 
ribs around the hub wall. The flexible mesh is folded between adjacent ribs. The resulting right 
wrap, which easily withstands vibrations, is contained by the closure doors and cable. At cable 
separation command, the door hinges spring open, and the stored spring energy unwinds the ribs 
tank;entially. Energy for fmal rib radial positioning and stretching of the contoured mesh is provided 
by root springs. The excess momentum created by the unfutling can be withstood by the spacecraft, 
and therefore, no hub release or energy absorbtion devices are warranted. Results of evincive 
analysis are shown in Figure 2.3.8-3. 
ORBIT PERFORMANCE 
The copper coating (up to 10 microns thick), on the mesh provides the required RF 
reflectivity and conductivity properties. The number of ribs is selected so that the RF gain loss due 
to the surface approximation of the parabolic cylindrical wedges, and thermal distortion, is within 
the alloted secondary beam loss budge;. The unequal rib and reflecting mesh stiffness and expansion 
properties are tuned via an initial rib placement and a mesh pretension to minimize thermal 
distortions. The mechanics of reducing deflections is the key to the concept; cold ribs tending to 
cup in will self relieve some of the mesh preload and cup out compensatory, while warm ribs 
tending to cup out increase mesh preload and cup in compensatory. 
Basic reflector design is therefore an optimization of: 
rib deployment unfurling characteristics 
lg test stability 
vertical and lateral stiffness characteristics for thermal distortion maximization 
torsional stiffness 
A typical rms time history and rf gain loss data is given in Figure 2.3.8-4. Breadboard test 
substantiation of the reflectors capability to meet the orbital stiifness requirements is given in 
Section 2.4. 
HARDWARE MATURITY 
LMSC has undergone development programs of flex-rib antenna systems ranging from 3 to 20 
feet in diameter, the latter used at a frequency of 2.2 GHz. However, extrapolation of this 
technology to a 3bfoot diameter 8.3 GHz reflector still required extensive analytical and 
breadboard hardware activity. GE and LMSC have collaborated in a series of design and analysis 
studies and full size segmental testing. Mdor test ha~ware included fabrication of seven different 
ribs (each with improved structural and weight properties) simulation of fixed and free hubs, a 
3-rib/mesh dynamic test unit, and a l?-segr,~ent 4-fmt diameter model used to compare RF 
characteristics directly against an available Qfoot perfect paraboloid dish. 
sfc:,orr C-C 
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Figure 2.3.8-2. Rib Design Details 
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2.3 SPACECRAFT SUBSYSTEM 
2.3.9 FEED SUBSYSTEM 
The composite feed subsystem is used in codunction with the reflector to provide efficient 
antenna performance over a wide range of frequencies and with a wide variety of beam shapes, sizes 
and functions. 
The composite feed subsystem is a prime-focus feed system located in the focal plane of the 
reflector. Individual feed elements are used for each frequency band to permit optimization of each 
function. The general arrangement of the feed is showrl in Figure 2.3.9-1. 
The X-Band monopulse feed, located on the reflector axis, provides the highest antenna pin 
and the best measurement of antenna performance. The monopulse feature is used as part of the 
precision pointing demonstration. The secondary radiation pattern of the X-Band feed is a pencil 
beam that is coincident with the mechanical boresight axis of the spacecraft. Footprints of the 
secondary patterns at X-Band are shown in F b r e  2.3.9-2. The polarization sense is linear. 
The four S-Band horns which form the axial SBand beam are arranged symmetrically about 
the X-Band feed. The S-Band feed will be used for the Data Relay Satellite Experiment. Beam 
scanning is accomplished by the S-Band switch network. One transmit and one receive beam are 
formed and can be independently scanned throughout the coverage area. The coverage area allows 
simultanmus coverage of two low orbit satellites e.g., (AAP and Nimbus) for up to approximately 
35 minutes of continuous communication. The SBand footprint extends West and North as shown 
in Figure 2.3.9-2. Both the receiving and transmitting beams are circularly polarized with the same 
sense. Monopulse tracking is offered on each of the receiving beams. 
The L-Band feed is composed of separate pencil beam and fan beam feeds providing beam 
shapes suitable for the PLACE experiment. Each feed receives and transmits circularly polarized 
energy of the same sense. The footprint of the fan beam antenna on the earth is shown in Figure 
2.3.9-3 for the North Atlantic air traffic route coverage. The proper shape is obtained by the fan 
beam feed elements and the proper position is determined by the attitude of the spacecraft. 
The UHF feed, used for the ITV experiment, consists of four dipole antenna elements that am 
distributed around the center of the CFA. The secondary pencil beam is coincident with the 
mechanical boresight axis of the spacecraft to reduce coma lobe and thus, beam spillover. The feed 
locaticn at the center of the CFA is important in the reduction of signals spilling over into countries 
adjacent to the intended user. The UHF footurint is shown in Figure 2.3.9-2. 
The C-Band feed for the RFI experiment utilizes two orthogonal linear polarizations for the 
polarization diversity experiment. It is located close to the center of the CFA to minimize the coma 
lobe and increase the efficiency of the pencil beam antenna, 
PERFORMANCE 
The performance characteristics of the feeds a r e  summarized by frequency in Table 
2.3.9-1. The X-Band, S-Band, L-Band and UHF feed designs were verified by bench tests 
and patterns of the feeds themselves (primary patterns). These tests were supported by 
analytical predictions to corroborate the prediction of secondary performance. The feeds 
were the11 tested with a 30-ft parabolic reflector (f/D = 0.44). These tests provided veri- 
fication of the secondary performance of the feeds and evincive data on the performance of 
the 30-ft flight antenna. Of particular concern was the effect of the feed support on gain 
and monopulse since these effect8 a r e  very difficult to analyze and cannot be predicted 
reliably by scale-model testing. 
Several feed supports were evaluated und their effects a r e  included in the gain values, 
monopulse null depths, sidelobe levels, and ellipticity measurements. The tes ts  are sum- 
marized in section 2.4.1. 
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COMPONENTS 
X-Band Feed 
Four horns and a comparator are the major constituents of the X-Band feed component. The 
four horns are the amplitude sensing elements in the reflector-feed monopulse antenna. Waveguide 
is used for both radiators and comparator t o  give highly precise monopulse performance and high 
reliability. The four ridge loaded waveguides are extended to provide clearance for the S-Band 
horns. 
S-Band Feed 
Ridge-loaded cylindrical horns, a comparator, and a power divider are the essential elements 
of the S-Band feed component. Sets of four adjacent horns and the comparator form scanned beas-is 
from which tracking information can be processed. The system is an amplitude monopulse tracking 
system of the same form as the X-Band feed. 
L-Band Feed and Switch 
A single antenna element, seven antenna elements fed by a power divider, and a switch 
assemtly form the principle units of the L-Band feed component. Each feed element consists of a 
circularly polarized, crossed dipole that is backed by a cavity for radiation pattern control. The 
seven elements are fed by a power divider with a nonuniform phase distribution to  generate the 
desired fan beam. A latching circulator switch provides for the selection of the pencil beam or the 
fan beam and separates the receive and transmit s&als. A simple logic network and ;rive circuit are 
associatea with the switch to implement the beam switching commands. 
UHF Feed 
The UHF feed component consists of four dipoles and a phasing network, The phasing 
network divides the power to be transmitted into four equal parts an3 adjusts their phases so that 
the four dipoles being -fed by the network radiate circular polariz?.tion. The dipoles are shaped to 
minimize interference with X, S and C-Band feeds. 
C-Band Feed 
A square horn and an orthomode tee make up the C-Band feed assembly. The orthomode tee 
separates two orthogonal, linearly polarized waves and couples them into two independent 
transmission lines. 
S-Band Switch 
The single-pole, seven-throw diode switches and circulators comprise the S-Band switcir, 
component. One set of four switches couple a signal being transmitted fiom the power divider 
through four circulators into the four selected feed horns. When a signal is received from a desired 
direction, thc four horns forming a beam closest to  that direction are coupled through four 
circulators to the comparator by the second set of four switches. A logic and switch driver circuit 
provides the proper switch diode bias states for independent receive and transmit beam positions. 
Beam position commands are received by the logic circuit from the reinote command decoder. 

2.3 SPACECRAFT SUBSYSTEM 
2.3.10 HARNESS 
The Harness Subsystenl provides for full accessibility of all components during test with 
maximum isolation of interfering signals. 
The key features of the harness subsystem are illustrated in the accompanying figures The 
majority of the harness runs are located within the equipment and experirnezt sections of the earth 
viewing module. Interconnecting harness to equipment located on the aft module and the solar 
arrays run external to the K-truss and solar array boom, respectively. The equ~pment section has 
been compartmented into eight bays and a shelf area behind the bays Portions of the intra4on the 
bay) harness and interibetween bay) harnesses are seen in the fwre. The allocation of components 
to the various bays was based on: (1) m b i z i n g  the number and length of interconnections 
required external to each bay; (2) satisfying the performance requirements of each subsystem; and 
(3) providing adequate distribution of high thermal dissipaters in the north and south viewing bays. 
For the most part, the experiment harness is isolated from the equipment section in order to  
facilitate harness segmenting, to minirmze electromegnetic interference, and to minimize the impact 
of changes in experiment interfaces. Accessibility to the experiment section is provided from the 
earth viewing face of the E"M. 
Phase C EVM Mockup 
Development of a full scaie EVM mockup during the Phase C study was a valuable tool in the 
selection of vehicle packaging and harnessing concepts. The accessibility of connectors for 
components mmnted on an EVM bay zre illustrated both for a closed and an open bay. 
Accessibility to components mounted in the center well can be seen through the open bays. Typical 
wiring of an EVM panel is shown in the lower figure. 
Harness segments mating to the panel from the spacecraft are r o ~ t e d  and clamped to the 
intercostals located between bays. A lcop is designed into the twisted lay harness to pro~ide 
flexibility during panel opening with no adverse effects on the harness. This concept was 
satisfactorily achieved and demonstrated on the mockup vehicle. 
The full scale mockup vehicle will continue to be used in Phase D as a harness development 
tool. Its use permits a determination of harness routing, cable attachment locations, and optimum 
component connector locations several months prior to the fabrication of the prototype vehicle. 
HARNESS SEGMENT DESCRIPTION 
Physically, the harness divides into the aft module harness, experiment harness, adapter 
harness, and the inter-bay and intra-bay harnesses. Functionally, it can be divided into the power 
distribution harness, command harness, telemetry harness, separation and deployment harness and 
signal harness. 
Each of the functional harnesses was examined for signal level and frequency content to 
determine shielding and routing requirements to minimize electromagnetic interference. The 
functional harnesses were segmented to facilitate fabricatlw, test and instal1a:ion. 
Table 2.3.\0-1 shows a summary of the major harness segments. The estimated weight of the 
harness subsystem is 135.2 pounds This value includes 25 pounds for the intra- and inter-l.3~ 
harness for the transponder subsystem which is included in the weight allocatzd to the transponder. 
The harness subsystem weight estimate amounts tc approximately 7.2 percent of the overall 
spacecraft weight which falls into the lange of 4.7 to 8.6 percdnt of gross weight for the Mariner, 
ATS-D, and Nimbus harness subsystems. Salient features cf the major harness segments follow. 
Power Distribution Harnes 
Power distributed direct to each user from one of two EVM power controllers. 
Judicious junctioning and sizing of solar array harness for minimum weight. 
Overload protection for the power subsystem provided in power controllers. 
Command Harness 
Fully redundant system from receiver to user. 
Use of distributed remote decoders reduces harness weight by 20 pounds. 
Tekmetxv Harness 
Distributed remote encoders located near sensors reduces harness weight by 10 pounds. 
Changes in telemetry format are easily implemented. 
Full redundancy capability for critical telemetry signals. 
Separation and Deployment Harness 
Double shielding and twisting u d  on all ordnance wiring. 
Accessible safelam plugs installed through shroud during countdown sequence. 
T r a m n d e r  Harness 
- 
RF harnesses designed and built with transponder subsystem to optimize overall 
transponder perfom.ance. 
RF coaxial cables with full copper shield to increase isolation. 
Controls Harness 
Sensors and control electronics contiguously located for minimum interference and 
harness length. 
Full functional redundancy of control modes. 
Table 2.3.10-1. Harness Summary 
*Coaxial lines 
Number of Connectors 
97 
162 
75 
40 
24 8 
28 
A 
Harness Segments 
Power & Separation 
Telemetry Q Command 
Controls 
Trauspmder Interfaces * 
Transpotider * 
Interferometer * 
Number of Segments 
23 
22 
17 
20 
1 24 
14 

2.3 SPACECRAFT SUBSYSTEM 
2.3.1 1 INTERFEROMETER 
The use of an RF switching technique for the Interferometer Subsystem allows the use of a 
single channel, lightweight, high accuracy receiver and data processor. This single channe! approach 
eliminates the need *o phase match receivers, and allows the transponder to  be used for the receiver 
function eliminating unnecessary duplication of X-Band receiver, IF, and frequency synthesizer 
equigaent. 
- 
The Interferometer schematic arrangement is shown in Figure 2.3.1 1-1. The subsystem has 
two components: the RF Component and the Data Processor Component. The receiver function is 
prnvided by the integrated transponder subsystem. 
The RF component has an array of six waveguide horns, arranged in two orthogonal baselines, 
each baseline being aligned perpendicular to the spacecraft yaw axis. Each baseline consists of a 
reference antenna, a coarse antenna, and a vernier (or fine) antenna. This m y  of horns is 
supported by a rigid structure preckly aligned with the spacecraft structure and mounted on the 
earth viewing face of the spacecraft (see Figure 2.3.11-2). A matrix of RF switches, ccntrolled by 
the data processor, allows the six antennas to be sequentially connected to the integrated 
transponder subsystem where the signal is amplif~ed, down converted, and sent to  the data 
processor component, along with a 25-MHz reference signal. The data processor is mounted in the 
spacecraft equipment section and contains the digital and analog electronics necc~siry to process 
the IF input signal, digitaliy measure the phase steps, control and drive the RF switches, and 
provides the necessary secondary power converters. 
Performance 
The Interferometer Subsystem is required to have an overall accuracy of 2 0.03 degrees ( lo)  
(with a design goal of + 0.03 degrees (30)) over a 5eld of view of + 12.5 degrees about the 
spacecraft yaw axis. Two operating modes are required: a one ground station mode compatible with 
closed loop attitude control us@ the Interferometer as a two-axis reference, and a two ground 
station mcde for use in computing yaw attitude at the ground facility. In the one ground station 
mode the Interferometer me- the direction cosines of a single RF line of sight with respect to 
the Interferometer b a s e b .  In this mode an independent measure of the spaceczift yaw angle is 
required for off axis measurement or pointing. In the two ground station mode the Interferometer 
measures two RF line of sights (two ground stations operating on different frequencies-no ground 
station synchronization required). Processing this data, the spacecraft pitch, roll, and yaw angles can 
be computed. 
The subsystem perlormanee predictions are summarized in Table 2.3.1 1-1. The subsystem 
error budget summarizes the error sources, their error contribution, and the basis for the estimate. 
These errors are combined to show the expected interferometer accuracy resulting from subsystem 
error sources. The second error Lurves (Figure 2.3.1 1-3) use the results of the error budget and show 
subsystem measurement accwacy as a function of ground station effective radiated power (ERP). 
Figure 2.3.11-4 shows the composite Interferometer measurement error when the misalignments 
(and alignment changes) with the spacecraft axes, and the effect of yaw uncertainty are included. 
These performance predictio are based on the results of Phase C breadboard tests and analysis. 
The errors in aligning the inte erometer with the spacecraft have been estimated to be: 
Loss of Alignment 
k 
0.020 deg (30) 
Thermal Distortion 0.020 deg (30) 
Adjustment 0.004 dcg (30) 
Measurement Accuracy 0.006 deg (30) 
Cross Coupling (Yaw into Pitch and Roll) 0.020 deg (30) 
The last term (cross coupling) effects only off-axis operation of the interferometer. 
The interferometer instrumental accuracies meet or exceed the design goal of * 0.03 degrees 
30 over the field of view. With interferometer/spacecraft alignment errors and yaw uncertainties 
included the resulting accuracy still exceeds the specification accuracy of * 0.03 degrees 1 o. 
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Tab& 2.3.1 1-1. Interferometer Subsystem Error Budget 
Horn Size: 2.872 inches x 2.150 
Antennas inches x 0.800 inches 
(axial length) 
Gain: S12.8 dB 
Beamwidth: B 35 degrees 
Horn to horn isolation: 
s 37.7 dB 
RF Type: Waveguides PIN 
Switches diode 
Isolation: E 56 dB 
Insertion loss: S 0.4 dB 
Switching time: -10 
nanoseconds 
Differential phase change: 
- 0.5 degrees electrical 
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Table 2.3.1 1-? Interferometer Perfarmrnce Summary 
Frtqueacy Double conversion (150 MHz to 12.524 MHz to 
Cmtrol Loop 24.4 kHz) 
Digital frequency measurement 
*12 kHz pulling mnge 
Lock time S 16 seccads 
Frequency accuracy: ill Hz 
DLgltal Provides a 12.5 MHz counter for phase measurement 
Processor Phase quantization to. 7 degrees electrical 
Logic arithmetic unit for ambiguity reeolutian 
Output storage regtsters: 16 bits 
Data rate: two measurements (pitch and roll) @r second 
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COMPONENTS 
RF Com onents-The RF component consists of six linearly-polarized waveguide horns and five *wavegui e switches. The horns are configured into two orthogonal, linear baselines with each 
baseliire being aligned perpendicular to  the spacecraft yaw axis. Both linear baselines contain a 
reference horn, a coarse horn and a fine (or vernier) horn. The nominal spacing of the coarse and 
fine horns, relative to the reference horn, is 3 inches and 48 inches, respectively. Each horn is 
flushmounted to the EVM thermal blanket by means of aperture flanges. These flanges contain RF 
fencing to satisfy horn intercoupling and pattern back-lobe level requirements. Two waveguide 
switches are used in each linear baseline to sequentially activate the coarse and fine horn antennas; 
the fifth switch is used to switch between orthogonal baseline arrays. Equal electrical waveguide line 
lengths exist from the coarse switch to the closely-spaced horns and from the vernier switch to  the 
widely-spaced horns. 
The horns, switches, and waveguide are precisely aligned with the spacecraft and mounted to  
the hard point mounts of the EVM. A mirror is mounted to  the support platform and used to  
boresight the RF axis and t o  align the RF component to the spacecraft structure. Table 2.3.1 1-2 
summarizes the RF component design parameters as measured during the Phase C program. 
Data Processor-The function of the Data Processor Unit (DPU) is to measure the electrical phase 
change in the 150-MHz input signal (from the X-Band transponder subsystem) when the 
interferometer antennas are changed. The IF phase change, or step, occurs when the receiver is 
switched between antennas. The magnitude of the phase step represents the path length difference 
between the signal received at the reference and coarse (or fine) antennas, and is proportional to the 
desired direction cosine 
The 150-MHz q p a l  is translated to a lower frequency (- 24.4 kHz) where the phase 
measurement is made. Phase change is measured by starting a time interval counter at a zero 
crossing of the 24.4-kHz signal, switching antennas, and stopping the time interval counter at a zero 
crossing of the 24.4-kHz signal from the second antenna. A 16 bit time interval unit is used to  count 
the number of cycles of a 12.5-MHz clock that occur between the start and stop pulses. Phase 
measurement accuracy depends on an exact knowledge of the number of clock cycles that occur 
during one complete cycle of the 24.4kHz signal. A frequency lock loop is provided t o  adjust the 
24.4-kHz frequency until one cycle yields a count of 5 12 in the counter. 
The Digital Processor provides the following functions: 
Accepts command inputs and controls operation modes 
Controls the Time Interval Counter 
Adds identification bits to the output data word 
Keeps track of number of measurements used in data smoothing 
Provides basic operating jequence logic 
Controls the RF switch drivers 
Data smoothing is used t o  reduce the ral?,qom type errors (primarily oscillator short term 
stability error and error due to  re.-eiver noise). Thc data is smoothed over 128 (2') separate 
measurenients. This is accomplished by using the 16 bit counter to  accumulate successive 
measurements. After 128 measurements are accumulated the average is obtained by shifting the 
decimal point by 7 bits before transferring the data to the output register. The output register stores 
the coarse measurement while the fine measurement is being made. The coarse measurement is then 
used to  resolve the ambiguity present in each fine measurement and the result smoothed over 128 
measurements. The resulting output is a single unambiguous phase measurement with the accuracy 
of the fine measurement and the unambiguous range of the coarse measurement. Identification data 
is added to the output before it is transmitted. The major elements of the DPU are summarized in 
Table 2.3.1 1-3. 

2.3 SPACECRAFT SUBSYSTEM 
2.3.1 2 RADIO BEACON SUBSYSTEM 
Redundant oscillators and a pseudo-redundant frequency synthesizer provide flexibility to 
transmit modulated RF signals from the small transmitter package, even in a partial failure mode. 
The Radio Beacon experiment is intended to be flown on the ATS F spacecraft for the 
purpose of trlnsmitting t o  earth a number of harmonically related RF carriers, amplitude 
modulated by phasecoherent, harmonically related signals. The received signals will be measbred by 
the experimenter to determine the dispersion of radio waves in the propagation medium, and 
therefrom to  compute the electron content of the ionosphere and the exosphere. 
Subsystem Description 
The Radio Beacon Subsystem is comprised of two components: the Transmitter Group and 
the Antenna Group. Referring to the functional block diagram of Figure 2.3.12-1, it can be seen 
tnat the Transmitter Group component is composed of a frequency source, synthesizer, modulators, 
power amplifiers, and a regulated power supply. The Antenna Group includes the feed lines and 
three independent antenna configurations, one allocated for each amplitude-modulated RF carrier. 
Subsystem Performance 
The performance characteristics for the Radio Beacon are summarized briefly in Table 
2.3.12-1. Sufficient redundancy and pseudo-redundancy are designed into the subsystem hardware 
to provide optimum reliability for operation of the experiment over the 2-year period. The 
configuration and location of the antennas result in an optimal division of antenna gain and 
transmitter power to achieve the required ERP levels, within the constraints of compatibility with 
the spacecraft structure ~ s d  other subsystems and experiments. 
Table 2.3.1 2-1. Summary of Radio Beacon Performance Characteristics 
G 
FIIEQCTENCY STABILITY: Better than 1 part in 10 over 2-year cor:inuons operation. 
hIODULAT!Oh'-PHA SE < 2" peak-to-peak fluctuation of 140 MHz and 360 MHz modulations 
STABILITY: compared against 40 MHz modulations. 
ANPLITUDE STABILITY: r 0. 1 dR variation of 40 MHz amplitude-modulated signal. 
SUBSYSTEM WEICIiT: 13 pounds 
NOTE': 
400 AND 1400 MHz MEASUREMENTS 
TAKEN WITH K-TRUSS FEED SUPPORT 
STRUCTURE. X-TRUSS MOD1 FICATION 
SHOULD NOT RESULT IN ANY SIGN1 FlCANT 
CHANGE IN PERFORMANCE. 
400 MHz BALUN-FED DIPOLE 
GAlN = 6 dB/lSOTROPIC 
- 3dB BEAMWIDTH- €-PLANE= 53' 
-H-PLPNEZ 48' 
CROSS- POLARIZATION ,< - 18 dB 
--. 
,. ,. . 
3 .- 
/' 
:;,,/ ' ' 1 .. f '; ., 
y,' , 
...., ' , ,. /- ', 1% 
-. /' ',., , : .
. , 
\ 
. , i 1400 MHz 114 WAVE WHIP . ,.' 
Y!.. ' , ., 
i j :  ,; GAIN = I 0  dB/ISOTROPIC . . f -' ;' 
- 3 dB BEAMWIDTH-E -PLANE = 19' ' 1 : -  !. 
, . . . . i i 
- H - P L A N E Z J I O  - : i  i ' .  \ Q  :, . . ,..  .---- i .  . jz 
\, 7 . \ :. ' . . 
. ,  . \ .  , r . L . .  . 8 . .  CROSS - POLARIZATION 4 - 7.5dB ,\. .. 
., , , >\, /: . .  
\! \ * .  i  . , . '  ,.*. 
, , \ ~  3:.. 
\\ . ' .,: 9. -;- .,...... .' . -, , 
".\ .:: . - -  '. - . 
. . 
>._ 
. . F. - - . 
8' .... ,. ,. 
. ,., 
./ 
. I  1L . 
3600 MHz CAVITY BACKED 
LINEAR SLOT 
GAlN = 3.5 dB/lSOf ROPIC 
-3dR BFAMWIDTH-E-PLANE = 116O 
H -PLANE = 79' 
CROSS POLARlZATlONd- 16 dB 
Figure 2.3.1 2-3. Mmsured Radiation Power Patterns 
COMPONENTS 
Transmitter Croup Component Description 
The transmitter unit is mounted on the south facing panel within the EVM experiment 
section, as shown on Figure 2.3.12-1. The frequency source uses redundant, 4 MHz temperature- 
compensated crystal controlled circuits (TCXO) and XS multiplier circuits to obtain a 20-MHz 
sinusoidal signal. 
The frequency synthesizer uses the 4-MHz TCXO outputs to provide coherent 100 kHz and 1 
MHz modulation signals developed in redundant digital divider chains. The three RF carrier 
frequencies are developed in independent multiplier chains, which accept the 20-MHz TCXO output 
signal and multiply to 40 MHz, 140 MHz, and 360 MHz, respectively. This method of synthesis 
provides a pseudo-redundant set of RF carriers, in that failure of a multiplier chain does not affect 
the other two transmitters, thus permitting continued experiment operation in a partial-failure 
mode. 
The use of double-balanced modulator circuits at low level with re-insertion of the carrier 
yields excellent lnodulation control and minimal generation of spurious signals. 
The power amplifiers are two-stage circuits using class A amplification of the modulator 
outputs, and class B to attain the final output levels at best efficiency while providing minimum 
spurious output. Vacuum thermocouples are used as monitors to provide telemetered RF power 
level signals. The 40-MHz transmitter includes a feedback amplifier which maintains the RF power 
output at a constant level. 
The power supply provides current to the circuits at several voltages, with regulation of better 
than 1 percent to the sensitive TCXO and RF power level monitor circuits. Received commands 
cause power to be applied to, or removed from the redundant TCXO and divider chain circuits, as 
well as power control to the three transmitters on an individual basis. Power control status is 
telemetered. 
Antenna Group Component Description 
The tentative antenna locations are illustrated in Figure 2.3.1 2-2. The 40-MHz antenna is a 
balun-fed dipole mounted on theX-Truss section. The dipole illuminates the 30-foot reflector from 
an on-axis defocused position. The I40MHz antenna is a %-wave whip mounted on the X-Truss 
section. This antenna also illuminates the 30-foot reflector from an onaxis defocused position. The 
36GMHz antenna is a cavity-backed linear slot, flush-mounted on the earth-viewing face of the 
EVM experiment section. This antenna directs its primary radiation toward earth. Representative 
radiation patterm of the three antennas are illustrated in Figure 2.3.12-3. 
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2.3 SPACECRAFT SUBSYSTEM 
2.3.13 COMMANDABLE GRAVITY GRADIENT SYSTEM (COGGS) 
The t'OGGS system affords an opportunity for significatrt power and weight reductions in 
future applications while retaining the high accuracy pointing and slewing capability of purely 
active control systems. 
The COGGS unit consists of a two-axis gimbal assembly bearing a deployable gravity gradient 
rod and tip mass on its inner gimbal. The unit is mounted on the Hub/Sciencc Platform above the 
reflector as indicated in Figure 2.3.13-1. The boom and tip mass are normally fully retracted. For 
operation in the gravity gradient mode, the rod and tip mass are extended up to 150 feet. In this 
mode of operation, the boom and gimbal provide control torques for slewing and pointing control 
of the pitch and roll axes and momentum exchange. The pneumatic system is not required for 
unloading of the wheels in this mode. The yaw axis is under star tracker control with the yaw wheel 
being unloaded by momentum exchange with the roll axis. 
The COGGS configuration may be considered as a gravity gradient anchor confiuration. The 
boom with its tip mass is suspended as an attitude anchor in the gravity field. The two axis gimbal 
acts as a universal joint whick enables the vehicle through the gimbal torquer to torque against the 
boom. The pitch and roll momentum wheels are used to damp the librations of the gravity gradient 
boom The functioning of the attitude control subsystem in the COGGS mode may be described 
using the b!ock diagram of Figure 2.3.13-2. The earth sensor detects the deviation of the vehicle's 
attitude from the commanded attitude. The Operational Controller processes the earth sensor signal 
together with a damping tenn proportional to gimbal rate to derive an error signal. The error signals 
drive the COGGS gimbals to reduce the attitude error. The Operational Controller aim processes the 
commanded angle, the gimbal angle, and the gimbal rate to derive an error signal to drive the 
momentum wheel. 
PERFORMANCE 
In steady state operation, COGGS is expected to maintain a vehicle pointing accuracy of i 0.1 
d e w s  for command angles within 8.6 degrees of the local vertical. Computer simulation indicate 
that the COWS configuration is capable of this accuracy. In response to a step change of * 1 1 -5 
degrees in commanded vehicle attitude, the basic control system is required to settle to 2 0.1 
degrees of the newly commanded angle within 30 minutes. Under COGGS control the time to settle 
to O.1° steady state accuracy is expected to be in excess of 30 minutes. The actual settling time is 
dependent upon the choice of loop gain and damping constants; the choice being a compromise 
bet?-ieen obtaining optimized step command and ramp/sinusoidal response. 
In response to sinusoidal tracking cortimards, the basic pointing control is required to follow 
a sinusoidal attitude command having a 10 degree peak excursion with an accuracy of -+ 0.16 
degrees within 20 minutes of the application of the command, it is required to follow a 0.6 degree 
per minute attitude ramp command within i 0.2 degrees 5 minutes after the application of the 
command. COWS can achieve these requirements with a suitable selection of gravity gradient rod 
diameter, density, and tip mass. ;he overall weight of COGGS with these selections is 45 pounds. 
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2.4 PHASE C DEVELOPMENT 
2 4 PHASE C DEVELOPMENT 
Signficant breadboard, test, simulation and analytical programs were camed out in Phase C to 
substantiate the proposed design approach and to verify the predicted system and subsystem 
performance. 
- - - - - - -- - - 
This section presents a summary of the maor breadboard development and testing carried out 
during Phase C by the General Electric team. Detailed discussions of this activity are presented in 
Section 5 of the subsystem volumes (1A to IM). 
Every element of the design which required development, contained uncertainties or required 
more than analytic verification has been breadboarded and tested in this phase of the program. The 
designed and fabricated breadboards are as realistic models of the proposed prime hardware as time 
and effort would permit. Many of the breadboard tests required extensive facilities, such as the full 
scale range testing and 3-axis controls simulation. These facilities were made available to the 
program and will be used in Phase D. 
The following tabulates the Phase C developments which will be summarized in this section: 
Tabk 2.4-1. Breadboard Summary 
t 
Area 
- 
System and 
Configuration 
Thermal S/S 
Controls 
Aux. Prop. 
Breadboards 
Full Scale Rf Testing Structural Dynamics Model EVM Mockup 
30 foot f/'D 0.44 reflector Full Scale Structural model to Full scale mock up of EVM and all of 
f o r  field test evaluation of be tested in September 1969. i t ' s  equipment including harnessing and 
total RF  System plwning 
Evaluation of alternate Evaluation of structural 
feed Support Structure approach 
c o n ~ w s i t e  Tvbe Development 
- K Frame Solar Array retention Two-foot test section of boron, 
- A Frame design evaluation e p x )  over alummum. Fabricatrcl. 
- Ogive Experiment and Component pruperties measured, and sucesstul 
Amplification factors thermal cycle accon~plished. 
Prototype Heat Pipes Thermal Model - FVM 
Full scale model and Full scale EVM with house- 
tests of heat pipes keeping and preliminary exp- 
heat loads tested in thermal 
vacuum 
Breadboard Components S/S Static Closed Loop 3 Axis Dyn. Closed Loop 
Earth sensor S/S Response determined AVE equip. mount. on 3 axis motion 
Star tracker with sensor stimulation simulator Dynamic response 
Acq. controller experiment and backup modes eval. w%th extended sensor simulation 
MW g. JC eva1uati:a 
Momentum wheels 
Gyro pkg. 
S/S anal. and dig. equlg. 
Sat. Vahe  Life Cycling Thruster Operation 
6 types of valves 6 t h ~ s t e r s  tested 
Over 100,000 cycles each Qual. and vibration tests 
without failure 100,000 pulse mode firing 
cycles 
Table 2.4-1. Bnrdboud Summuy (Continued) 
Area 
Parer  
Tmmpoder 
TLM & CMD 
R d k t o r  
Feed 
Harness 
Interferometer 
Radio Boecon 
Breadboard 
Bradboud Componentr S/S B-rd 
Battery chrg .  r m t o r  S/S performance evaluated at 
r Eattery cell en l .  high ud law temp. with solar 
Boc#t re(lul.tor a m y  rlmulator 
Shunt regulator 
Brsldboud Compunenta iutegnted Transponder 
r X-had mampube pracesror PLACE Implementation 
8-band pre 8mp ITV with X-band monopulse 
P h u e  lock receiver 
r All-up trrrnrpoader Irrc . rs, 
IF tranamittsr 
X-band high level mixer utd 
triplexer 
TrursLt Ant. Model <)a-Statlm Model 
Pattern, gain, axial Ratio for 4. Pattern. gain, axial Ratio 
8-whip6 VSWR 
VSWR 
r EVM mounted ant. sye. 
Reflector - R F  Evallotloa Me~hanical Teats Contour Meeeurement 
Hard 30 foot dbh and feed Rlb and mesh development r Optical system designs 
rtlppo- modela 
&ale faceted reflector Hsr;htestlng 
Full size 3-rlb rector dynnrnk 
tern 
Breadboard Compoamta Componite Feed Assembly 
r S-ba:d switch Full Scale tests with 30 foot 
X-handfeed dbh 
S-band feed Seeonday patterns, gab. 
L-band feed boresfght 
UHFfeed Truar evaluation Mompulse. 
X. S, L, old UHF 
r Mutual coupling 
Harness Mockup 
r Use of EVM mockup for 
harness development 
RF Component Breadboard Tran~poder/30 foot D L ~ / I F  
Pattern, gain, VSWR teats FCmge teats 
Coupling, decoupling t a t  Full scale S/S operating and 
RF eval with EVM performance 
DMtal processor. operatian, 
pert stability 
Bregdbonrd Antenna 
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ONE-FIFTH SCALE MODEL TESTING 
Prior to the full-scale RF testing discussed previously, scale model testing (one-fifth scale) was 
carried out to  evaluate the effect of the K-truss on monopulse performance. Both a three-leg and a 
four-leg truss were compared. Results indicated that the K-truss would not significantly degrade 
monopulse performance as illustrated in Figure 2.4.1-1 1 which presents a pattern comparison. While 
the results of these tests are qualitatively valid, all further testing was conducted full scale to  assure 
quantitative validity and so that the breadboard effort led directly to Phase D hardware. 
Figure 2.4.1-1 1. One-Fifth Scale Patter9 Comparison 
INTEE FEROMETER INTERFERENCE TESTING AT 30-FOOT DISH 
The interferometer subsistem uses low gain, broad beam antennas on  the EVM earth viewing 
face to  measure the relative phase of a received incident RF signal. The presence cf a high gain (500 
dB X-Band) 30-foot dish focusing energy on the EVM constitutes a potentially serious interference 
problem for the sensitive interferometer system. The following Phase C testing of the interferometer 
horns in the presence of the 30-foot dish was conducted t o  evaluate this potential problem. 
The interferometer coarse spaced horns were flush mounted on the EVM as shown in Figure 
2.4.1-12. 'I'he 10-foot absorber ring was used t o  block the effects of reflection from the 30-foot dish 
(backlobe patterns demonstrated the absorber ring effectiveness). Phase null me: :l\rements were 
made with the 30-foot dish with and withaut the absorber ring. In addition, patter.. measurement 
of the interferometer horns on the EVM in front of the 30-foot dish, and on a flat plate behind the 
30-foot dish were taken. Final check patterns were taken with a narrower beam, higher gain (23dB) 
horn flush mounted to the EVM in the presence of the 30-foot dish. The following conclusions have 
been drawn from these tests: 
Higher gain horn patterns show reflections from the 30-foot dish are greater than -40 dB 
down. 
Absorber ring tests show no measurable reflections from the 30-foot dish, but -20 dB range 
rcflection. 
Interferometer horti patterns show reflection froxi1 the dish at least -24 dB to -30 dB down, 
with -20 dB range reflection. 

2.4 PHASE C DEVELOPMENT 
2.4.2 STRL'CTCRAL DEVELOPMENT MODELS 
A full scale !Wuctural Developnent Model @DM) has been constructed and tested to provide data 
for optimization of the structuml design and to evaluate the solar paddle stowage arrangement and 
deploy?.ent. 
The following tesi objectives were established prior to testing svch that the design could be 
properly evaluared and optimizzd: (1) determine the fundamental lateral and torsional resonant 
freq~encies and modal damping coefficients of the spacecraft in the launch configuration cantilevered 
from the laurch vehicle interface; (2) determine the resonant frequencies, mode shapes, moda! damping 
coefficients and respanse characteristics of the spacecraft primary structure, the solar paddles. and 
the solar paddle booms for excitation along the pitch axis, (3) determine the resonant frequencies of 
the solar paddlehoom modes with the booms deployed in the orbital configuratim; and (4) determine 
the panel opening characteristics. 
By accomplishing these objectives prior to Phase I?, the sizing of the primary structure can be 
finalized to minimize structural weight, and potential problems with the solar paddle stowage and 
deployment can be identified and corrected. 
The full scale dynamics model (SDM), illustrated in Figures 2.4.2-1, and 2.4.2-2, duplicates 
the primary structural members of the K-truss, hub/science platform, crosswer boom, solar b m s ,  
solar paddles, and adapter except for slight deviations considered necessary to expedite fabrication. 
However, the EVM po.2on of the model was fabricated to simulate the primary load paths without 
duplicating the internal structure. Masses have been provided to simulate equipment and growth to 
the 25W pwnd launch weight. Although the model has been fabricated to ensure dynamic similarity 
for the fundamental frequencies of the structure and the solar paddles, complete duplication of all 
structural members can readily be achieved by replacing the EVM and adapter truss, and making 
minor modificatiori to t k  solar paddles and booms to reflect the final design. 
Fcr the launch investigation, the SDM was mounted to a ten-foot fixture ring supported on 
Team hy2;uatatic bearinp. Six Ling L-330s shakers were used to excite h model. The model 
was instrumented with fifty Endevco accelerometers positioned on the primary structure, the solar 
paddles, and the solar booms. Strain gages were attached to primary structure for s t ress  
determination. 1i.p cantilevered pitch axis dynamic behavior was de+-rmined by measuri.lg the 
total, in-phase, and quadrature response to the fixture input acceleration. The fundamental torsional 
frequency was determined by measuring the transient response to a suddenly released load applied 
to the hub. For the ohi tal  investigation, transient respbues  were measured by manually deflecting 
the deployed solar paddles and releasing them. This was performed both symmetrically and anti- 
s>;nmetrically for vertical, lateral, and torsional deflections on the solar paddles, while the 
spacecraft was in a cantilevered conditinn. Approximately 20 accelerometers were positioned on the 
solar paddles an3 booms to determine the approximate mode shape during the trmsient response. Ten 
accelerometers were used to measure deployment response. 


C A l f i U U T E D  HUB RESPONSE: 
2/L QUAL - 2/J X FlG 22, 
APPENDIX A6. DYN ANAL REPT 
GE NO. 696M314 14 JULY 1969 
FRE4UENCY (Hz) 
Figure 2.4.2-3. Comparison of Hub Response Flight Accept Level 
The solar panel stowage arrangement using BTR snubbers protects the solar paddles 
and limits the dynamic magnifications to approximately 3. 
Natural rubber supports have a measured magnification factor of 10 a t  resonance, 
or  dynamic responses approximately 3 times greater than BTR. 
The higher frequency and reduced response of the pendulum modes using BTR 
elastomer corroborate the stowed panel concept, and a 20 to 25 Hz solar panel pendulum 
frequency should be used in the final design. 
Because the measured lateral fundamental frequency matches the calculated frequency, 
approximately 40 pounds of structurzl weight car, be removed to meet the design 
requirement of 7.4 Hz. This was the 10 percent frequency margin used a s  a design 
criterion. 
The 5 percent of critical damping used in the analynis appears to be correct for body 
bending and solar boom responses in the launch corfiguration. 
When adjustments a r e  made for the SDM difference; from the analytical orbital 
configuration, the orbital resonant frequencies appear to have been predicted within 
approximately 5 percent. 
The modal damping of the deployed configuration is approximately one percent of 
critical for the solar panelboom modes. 
The spacecraft design can withstand unnotched flight acceptance level .ribration 
with maximum tube stresses of approximately 3000 psi. 
The shaker system and fixture a r e  adequate to  perform the lateral vibration tests 
of the ATS F&G spacecraft. 
Table 2.4.2-1. Minimum Required, Calculated, and 
Measured Resonant Frequencies 
EsUmUed frw -ic magnifiatlm at re8Omnce. I isc ly  ilvdvertently ornltted for thll m&. 
** M r d  &re tubes hnvlng 1s gmatsr cap area0 were und; wlar panels were 24% Il@ter than that in Us uufytical 
model. Tbese dfUerena8 a u s e  an .pprmdmrte 1% inerase  in tbt trwencfsr. 
Percent 
Diff . 
1 
4 
10 
4 
- 
26 
3 
220. 
15'. 
16** 
20** 
21.. 
18** 
I 
M& Description 
Launch 
-
Y Axis Fundamental Bending 
X Axis Rudrmental Bending 
Torsim 
B o a  - Panel Perddum Rubber Mmnt 
Bomn-Panel Pendulum BTR Mount 
K-Trues Tube Bendillg 
Solar Purela 
Solar Boom Bending 
Lower EVM Lnteml 
Solar Boom Second Bending 
Orbital 
-
Sjmmdrlc  Boom 
Vertical Bending (Along Z) 
Antisymmetric Boom 
Pfiddle Torsion 
Symmetrical Boom 
Paddle Torsion 
S~mm&ri~al Boom Lateral 
Bending (Along X) 
Antisymmetric Yaw 
Bmding (Along X) 
Antisymmetric Vertical 
Bending (Aloug Z) 
Test 
Qlc. Freq. 
(He) 
8.32 
8.28 
5.5 
14.1 
- 
- 
43 t o  70 
' 34.1 
44.9 
- 
1.87 
2.01 
2.00 
1.88 
0.73 
1.80 
Measured 
Dynamic 
Ma@ 
10 
10 
3.2 
55 
3 to 10 
12 
7.5 
3.4 
- 
Configuratim 
Test Freq. 
(Hz) 
8.42 
8.6 
6.1 
13.5 
23.8 
38.9 
40 Lo 90 
42.7 
46 
126.5 
2.40 
2.36 
2.38 
2.35 
0.92 
2.18 
Flight 
Req'd heq 
(m) 
7.45 
7 . ~ 5  
4 . 1  
- 
- 
- 
1.5 
1.5 
1.5 
1.5 
1.5 
1.5 
Meaeured 
Damping 
(c/cC) 
0.05. 
0.038 
0.033 
0.05 
- 
0.009 
0.004 
0.009 
0.008 
0.01 
0.01 
0.01 
C0afigr;ration 
Qlc. heq. 
(Hz) 
8.32 
8.28 
5.5 
14.1 
- 
- 
43 to 70 
34.1 
44.8 
- 
1.93 
1.99 
2.01 
2.06 
2.09 
2.17 
SDM PANELiEPLOYMENT: SOLAR ARRAY RELEASE TEST 
Opening shock loads on the structural develcpment model solar panels were measured using 
10 edge-mounted accelerometers. Release was effected by manual forcible removal of retaining 
C-clamps at the panel edges. Previously calculatsd accelerations were 146 to 149 g's. Measured 
maximum values from oscillographs were 120 to 130 g 's  (Table 2.4.2-2). A comparison of calculated 
and measured time responses a r e  shown in Figure 2.4.2-4 for tip accelerations. The accelerometer 
locations are also shown in the figure. A color motion picture was taken of the entire release 
sequence and was shown at the om1 response to Phase D proposal questions. The fixed panela 
momentarily separate from the snubbers but a r e  seen to return to the snubbers without misalignment; 
thus verifying the deployment concept. The film was later used for a frame count to determine opening 
time with and without snubber energy. The time for panel opening is given in Table 2.4.2-3 showing 
that the effective stored energy in the snubbers is removed when the first panel releases. When the 
second panel is released 0.24 seconds later, the torsian spring provicks all the deployment energy 
for the second hinged panel. 
BORON-EPOXY COMPOSITE TUBE DEVELOPMENT PROGRAM 
Consistent with the choice of the X-Frame for the feed support structure, a developmental 
program has been instituted to perform environmental and structural load tests on the composite tube 
specimens and to  coordinate nondestructive acceptance test techniques on specimens with known 
defects. The following tests will be performed: 
a. Engineering Data Tests on Prime Quality Specimen 
1. Mechanical properties in tension and in flexure a t  70°17, and in compression at 
-140°F, 70°F and +150°F. 
2. Temperature cycling on 3 specimens from 0' to -150°F at one cycle per hour 
for 1000 hours, to be followed by mechanical properties tests. 
3. Measure coefficient of thermal expansion over +150°F to - 1 4 0 ° ~  range. 
4. Acoustic testing to be followed by a mechanical properties test on one 
specimen. 
5. Hydrazine liquid and vapor compatibility test on one specimen. 
6. Using a weight-loss method, test one specimen for vacuum outgassing. 
b. Design Verification Test of Full Length Tube 
1. The tube i s  to be statically tested in cm.pression until failure to 
determine stress-strain characteristics and column stability. 
c .  Quality Assurance Tests, Using Specimens with Known Defects 
1. Ultrasonic test methods 
2. X-ray tests 
3. Eddy-current test method 
Table 2.4.2-2. Summary of Release Test Results 
* Accelerometer fell off due to improper surface preparation. 
Note: Accelerometers 1, 2, 3, 4, 9 and 10 are 100 g range; others a re  20 g. 
Accelerometer 
Number 
1 
2 
3 
4 
5 
6 
7 
8 
9 
10 
Table 2.4.2-3. Time for Panels to %en: Film Frame Count, Run No. 4 
Run No. 1 
118 
120 
---* 
--, * 
23 
11 
67 
16 
6 7 
70 
Film Speed 24 Frames per Second 
Acceleration in g's 
. 
Run No. 2 
55.5 
94 
35 
75 
8 
3.3 
10 
Saturated 
---* 
Saturated 
First Panel Release 
Time for Full Overswing 
Time Lag Between Releases 
Second Panel Release 
Separate Run: Hand Held Panel 
Time(Sec! 
1.04 - 1.08 
1.333-1.375 
0.208-0.250 
5.58 
5.58-5.63 
Frames 
25 - 26 
32-33 
5-6 
134 
134-135 
Run No. 3 
61 
82 
93 
119 
12 
6.6 
9 
12.5 
55 
44 
Oscillograp h 
--- 
--- 
0.24 sec 
--- 
Run No. 4 
119 
122 
-
130 
-
121 
13 
11 
36 
16 
31 
40 
Run No. 5 
61 
82 
4 7 
81 
11 
13 
2 5 
10 
-,* 
65 
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HINGED PANEL 
A rray Deployment Test 

were scarfed with four 1/2 inch long by 0.005-inch steps to provide an efficient load trans- 
fer between the boron and aluminun 
The results of the mechanical tension in compression test indicated that the aluminum - 
boron tube exhibited essentially linear behavior in both tension and compression and that 
the effective modulus of elasticity of the tubes was 20.6 x lo6  psi. This is  exactly as would 
be predicted using the law of mixtures and configurations, the data presented by Zender and 
Dexter* in the investigation, and the data on which the full scale design was based. Several 
load cycles of 2500 pounds in both tension and compression were applied with no apparent 
loss in lineardty o r  yielding. This load magnitude is  equivalent to an ultimate load on a full 
scale specimen for spac~craft  acceleration levels of 9 gls thrust and 3.9 g's lateral, and 
indicates that the proposed tube and joint design appears to exhibit adequate strength. 
Detailed x-ray photographs of the tube were made. The delaminatior?? at the ends showed 
clearly and one other possible flaw was detected. This will be evaluated by sectioning at a 
later date. 
Ultrasonic testing initially indicates that this will be a useful technique for inspection. 
One possible unbonded area (besides the end delamination) was formed and will be evaluated 
by sectioning later. 
* NASA TND-4878" Compressive Properties and Column Efficiency of Metals Reinforced 
on the Surface with Bonded Filaments1', G. W. Fender and H. Benson Dexter, LRC, 
Langley Station, Hsmpton, Va. 
2.4 PHASE C DEVELOPMENT 
2.4.3 THERMAL MODEL TESTS 
Thermal vacuum tests were conducted on a full scale thermal mcdel of the EVM to  
substantiate the design approach and t o  verify predicted performance established by analysis. 
'The EVM thermal model included all major components of the proposed thermal control 
subsystem, with the exception of panel heat pipes. The performance of thermal control louvers, 
coatings, and super-insulation was simulated to  accurately represent flight-type hardware. 
Component dissipations and solar loads were modeled by means of electrical resistance heaters. 
Structural conduction paths and internal radiation were realistically simulated in assembling the 
model. 
The design of the model had been committed before the incorporation of panel heat pipes 
into the proposed configuration. The lack of these components, however, is viewed as only a minor 
deficiency since the effect of  panel heat pipes will be to  average panel temperatures t o  some 
mid-value. The same effect can be obtained by statistically averaging the panel temperatures as 
recorded in the testing that was performed on the model. 
Thermal vacuum tests were performed on the model in the 12 by 26 foot chamber in Building 
300 at  VFSTC. Vacuum was maintained in the 10- torr range and liquid nitrogen kept the walls 
surrounding the model a t  -290°F during testing. The model was thermally isolated from its 
support fixture in the chamber. Figure 2.4.3-1 shows the model in the chamber as tested. 
The model was provided with thermocouples t o  monitor the temperatures of 200 points on 
the structure, panels, and louver assemblies. A Keinath recorder was ernployed for temperature 
readout. 
Testing was done to determine the steady state (or orbital average) temperature distribution 
over the model in conditions of minimum and maximum thermal loading. Table 2.4.3-1 presents the 
model test results. The results of this testing demonstrate the ability of the thermal control 
subsystem of the EVM to  maintain temperatures within required ranges. The existence of some 
out-of-spec panel temperature fx the r  verifies the need for the proposed panel heat pipes. 
The results presented agree quite well with computer analysis predictions when a'llowance is 
made for the differences between the mathematical and hardware models. 
Repackaging of the experiment section as a result of experiment redefinition allows all 
experiments t o  be thermally coupled to  the north-south panels. Experiment t e m p e r a t ~ ~ e s  will 
therefore be G 86OF rather than the 99OF as shown on Table 2.4.3-1 for the east panel. 
The therrnal model wi!: be refurbished (to include panel heat pipes and secondary structure 
for experiment mounting) and used as 'he Phase D thermal model for complete thermal vacuum 
testing. 

2.4.4 THREE-AXIS CONTROL 
The attitude control design concept has been proven by extensive tests during Fhase C. The 
breadboard testing has demonstrated that the selected component design concepts and performance 
characteristics are consistant with control subsystem performance requirements. 
OBJECTIVES 
A complete set of components were obtained, separately tested, znd assembled to form a 
complete wbsystem. The subsystem was three axis dynamically tested utilizing the facilities 
developed for this program. The objective of the total test program was to validate the design for 
Phase D by providing: 
A completely fabricated and tested electronics desip. establishing a baseline design for 
Phase D. 
A tested design for critical ACS components such as the earth sensor and operational 
controller. 
4 set of attitude control hardware which collectively constitutes an operational ACS 
asslgn meeting the basic requirements of the prime design. 
Test data from dynamic performance of the basic ACS design in the operational and 
experimental modes indicating differences between actual, predicted and ~equired 
perf mnance. 
In attaining t t  ese objectives, the tests were performed in three phases: preliminary and component 
tests, static clcsed loop tests and dynamic 3axi.. motion simulator tests. 
Preliminary ;:&ti Component Tests 
The component tests were performed to functionally check t m  Ldiiidaal components and to 
obtain quantitative data (Table 2.4.41). These static tests were performed in a simulated 
environment as realistic as required for each component and for the test. 
Table 2.4.4-1. Component Test Results 
Modifications 
A prime uni! calibration 
and test cycle will im- 
prove alignment result- 
ing in 0.05' accuracy. 
None 
None 
None 
None 
Fabrication 
- 
Coxnponent Methalology Results 
Mirror  rotational 
misalignment of 1' 
yielding e r r o r s  of 
.3" at  10' mir ro r  
setting. 
Linearity within 
44 over 4' L.?. 18' 
f ~ a l d .  Noise l w e l s  
suitable. 
Drift of 0.0005'/ 
sec .  well within 
spec.  
-- - 
Within spec. 
Passed satisfac- 
torily 
Excessive clock 
e r r o r s  
Earth Sensor Vacuum tank with ear th  
I simulator and sun for 
impingement tests.  
Polaris tracker Engineering evalua- / t;on - Rotab a d  simu- 
lated s t a r  (8 a r c  s e c ,  
coll. - 5 a r c  sec)  
OAO r a t e  and position 
sensor 
Measured for calibra- t- 1-nalog and Digital 
Operational 
Controller 
tim of offset 
com~nands 
OAO acceptance tes t  
Bench tes t  

purpose of these tests was to evaluate the dynamic performance (setiiing, steady state pointing, 
slewing, offset pointing and tracking of the ACS under conditions close to those which will exist in 
Figure 2.4.4-3. Motion Sirnt~latt>r Facility 
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Table 2.4.4-3. Breadboard Test Results 
I P r ( m a y  Control Modes 
a. b l h e  Acqulsltlm 
2. Altemate/Backup Cmtml ?&&a 
R. P E r m r  
Yaw U t e  ~ I I . U ~ . / S ~ C  
'Nme lo Acqulre / 10 MIn. 
I 
0.7' 
.- n. o z s . / . ~  
13.6 MI". 
fmm 45'.45.. 10. I Yaw Rsor lmml to z e m  dsp. 
< 0.2. 
10 Nln. S.S. Ermron Jet 
C m M l  
A E r m r  m MW Control 
R/ P Oil Vertlcal 
PolnUly 
CUUon Keeping MsN&. 
P = 3.46 In or 
Y ~ 1 . 4 2  In or for 1 Nln. 
c. Earth Sensor Brckup 
(11 Loeal VerUcal Acq. 
8. S. R-P Error  (Jeu  
Time to Acquire 
(2) SPUC IbhUng 
On Jet Control 
(3) Error AcquIeItlon 
Controller 
on MW Cmtrol 
Opnt iorml  
Cmtmller 
(4) E r m r  on MU' Cmtro  
W P oil Vtrticsl E r m r  
< 0.2' 
< 0.06- to 90c NLS 
R.P=0.29. 0.25' 
(Vncal1bra:ed) 
S m  h m r  Bluhrr. 1 25' 
Yaw Error-Dlg. BulSensar - 
Time lo Acqulre 
Polarts@omlnal I 10 MIn. 
d. Sulle hInUng U J p n t i ~ m a l  
C m t n l )  
b a d y  S a t e  E r m r -  
I Roll. Pltch to. 1- 
I Steady Sute  Yaw E r m r  
< 0.02. to 90rt NLS 
Frequency 
Rak Value 
Wak E r m r  
I 
I Max. flaw 1 0.6'/MIn. Rak Error I 0.6. 
/ g. ~ t i m  tietptng 1 P 4 6 n z  / P-3.46Inoz I 
Disturbance-El W I Y=1.421noz Y=1.4Zinoz 
i h. orb11 lncl~nmtton and 
POI~IIS ~ 0 t h  B I ~ S  n.02. I 0.03' 
(Resolution = 
1 Peak Error  after 1 M n. 1 *0. 5' I ! I 
1 4. Other Rr lormrnee  Dab 
P -  0.76' 
Y - 0.24' 
WhcclS only) I 
a. O R 0  5 . 5  Hr. Drtft. 
hlllal AtUtude 
InIUal U k s  
Time to Acqulre 
R.P,Y 10. 11. 11. ec 
R.P,Y= 13.3.10.0. 
2.1 Mln. 
b. AC for 9 Mln. R r l o d s  
(. 003' Rdq. I 
e. Rate Cwtml  
(< . OOOs'/sr Req. ) S.S. E r l o r  Jet Cmtml  ( < 0. 1' I 
S.S. Error  ACCO Y W  Control d. N-s S u u m  K e c @ q  
D l s N ~ m c e  
R =  6.02 Inez 
Y = 6.68 In or for 1.3 Mln. 
S.S. E r m r  OPCOMWConlml I < .uU9' I 
b. hterlerorneter Closed h o p  
Cmlml  
blUal Attltvde R,P.Y= -10.-10. 0' 
mltl.1 U t e s  R.P.Y= 0. O.n./sec E r r o n  rlth J e t  
&&up. R = 3.46 la or 
Y = 1.42 lnor. 
CmUnulws 
t OPCO S9 Error-MW I 
'Earth Senlor md Compltsd 
9 U r  Tracker Signals 
SuUm tieeplng msm&ance 
P - 3.46 In 02 
Y = 1.42 In or for  1 MIn. 
1 
P .36. I 
Y .12' I 


2.4 PHASE C DEVELOPMENT 
2.4.6 POWER SUBSYSTEM BREADBOARD 
Breadboard Testing of the power subsystem electronics has demonstrated the predicted 
performance with sufficient design margin to obviate the need for further development testing in 
these areas prior to prototype design. 
The critical elements of the powei subsystem were fabricated, assembled and tested during 
the Phase C program. The objectives of the test were to determine design margin; verify efficiency 
and regulation over the pertinent range of temperature, load variation, solar array and battery 
conditions; measure bus ripple and scurce impedance as a [unction of temperature, load variation 
and regulation mode; observe the effects of switching transients and simulated malfunctions and to  
verify the smooth transition from one operating mode to another. 
The elements breadboarded are illustrated in Figure 2.4.6-1. They included a boost regulator, 
two battery charge regulators, the shunt regulator control, and the regulation control circuit of the 
Power Regulation unit; twelve shunt regulators and two Nicad batteries. The solar array was 
modeled by a solar array simulator which electrically duplicates the twelve tapped strings of the 
spacecraft solar array. With each string shunted from the tap to power return all three modes of 
regulation could be exercised. The load panel permitted application of continuous, stepped and 
oscillatory loads from 0 to  1000 watts. In order to facilitate date reduction and simplify testing 
only one of the batteries was discharged onto the bus, although both were charged by their separate 
charge regulators. 
The test program and the resultant data are presented in detail in Section 5.0 of Volume IE. 
In summary, the subsystem test configuration, as illustrated in Figure 2.4.6-2, was operated for over 
1200 hours and subjected to approximately 750 separate on-off cycles. The power subsystem 
performance was monitored as a function of varying resistance, oscillatory and transient loads with 
a solar array input simulating the seasonal and daily variation of both a new array and one, two 
years old. These tests were performed at temperatures of 40, 70 and 100°F. 
The bus regulation was maintained at 5 1.5 percent for loads varying between 15 and 634 
watts. The allowable limit of 2 perter. ' as not exceeded even with the simulated failure of three 
shunt regulators or with a load of 100; ~ t t s .  
Efficiency was measured as a function load, temperature, battery state of charge and array 
condition. The efficiency ranged between 85 percent at light loads (approximately 100 watts) to 
99.5 percent under peak loading (approximately 450 to 500 watts). This assures maximum 
efficiency at high load demand when load sharing occurs and minimizes the energy required from 
the battery. 
The output ripple was measured at 10 millivolts peak-to-peak, maximum, in all modes of 
operation except the battery boost mode. Ripple increases to  approximately 50  to  60  millivolts 
peak-tepeak as the boost regulator turns on to permit load sharing by the battery. The maximum 
ripple of 80  millivolts peak-tepeak was measured when a battery with low terminal voltage 
(approximately 21 volts) was supporting a 300 watt load with no solar array output. 
Response of tlie subsystem to  step increases and decreases in load was determined. Load 
changes in excess of 550 watts were accommodated with transient amplitudes and recovery times 
well within the specified limits. For example, a step decrease of 34 1 watts, which represents a worst 
case load change, resulteci in a 0.8 volt excursion and a recovery time of 0.4 milliseconds. 

2.4 PHASE C DEVELOPMENT 
2.4.7 INTEGRATED TRANSPONDER BREADBOARD 
The integrated transpoiider breadboard tests conducted prior to  Phase D has proven the 
feasibility of meeting communications and experiment requirements with the proposed design 
concepts and insures meeting the Phase D development schedule. 
During Phase B&C a "simplex" transponder breadboard, Figure 2.4.7-1, was designed, 
constructed and tested. The purpose of this effort was to demonstrate the transponder subsystem 
design compatability with the ATS F&G mission requirements, to  study potential problem areas, to 
perform simulations of spacecraft missions and to provide design, test and cost data. 
The sirnp:ified block diagram (Figure 2.4.7-1) of the complete transponder indicates those 
areas where significant breadboarding has been performed or where existing flight hardware is 
proposed. 
}4--TH~C:s\ RECCIVER i k i  kL? 
X BAND x BAND iF 
XMITTER RECEIVER PROCESSOR 
NO I NO 
FROM I N 1  ER 
I BAND • IF 
RECEIVER PROCESSOR 
NO 3 
, 
NO 3 
FROM F 
PROCESSORS - PPOCESSOR 
TO FROM 
30 F T  ANT A2 EL 
ERROR 
SIGNALS 
PROCESSORS 
INDICATES EXTENSIVE 
PHASE tl C BREAOBOARJING 
OR EXISTING HARDWARE 
Figure 2.4.7- 1 . Transponder Simplified Blocl: Diagram 
COMPONENT BREADBOARDS 
The components of the total system were tested individually prior to full assembly of the 
"simplex" system. The components in which significant breadboarding was performed are discussed 
in the following paragraphs. Additional breadboarding was performed and is discussed in detail in 
Section 5, Volume IF. 
X-Band Monopulse Processor. The X-Band monopulse single channel converter, which 
combines the sum and difference channels at RF, was breadboarded using stripline 
networks. Tests performed showed azimuthelevation channel crosstalk isolation to be 
greater than 20 dB. The differential phase shift between the sum and difference cL?nnels 
was found to be less than 16 degrees over the required frequency and temperature ranges. 
X-Band Triplexer. An X-Band triplexer was constructed of three circular cavities mounted 
on a shorted piece of rectangular waveguide. A triplexer and a diplexer is required in the 
proposed flight design, and the breadboard was built and tested to determine realizable 
passband characteristics. An insertion loss of less than 0.75 dB was verified over the 
required receive frequency ranges. 
S-Band Receiver. A five-section interdigital filter and a parametric amplifier were 
breadboarded and tested verifying the feasibility of achieving an overall S-Band receiver 
noise figure of less than 4.5 dB. 
IF Processor. The breadboarded IF processor demonstrated a time delay variation with a 
60 dB signal variation of less than 30 nano.;econds. The selected ACX: approach using PIN 
diode attenuators was verified and met requirements over a 54 dB dynamic range. 
A 2 MHz IF filter was breadboarded and demonstrated the feasibility of a 2 MHz 
bandwidth at 150 MHz without double conversion. 
Phase Locked Receiver. A phase locked loop (PLL) was built and tested in conjunction 
with an X-Band receive system to demonstrate a XBand coherent link. The PLL 
single-sided noise bandwidth of 500 Hz provided acquisition of a 10 KH1: offset signal in 
less than 4 seconds. For a 40 KHz offset the static phase error was found to be less than 
;: ! 6 degrees. 
I .  AF and L-Band Transmitters. Solid state transmitters were breadboarded during Phase C 
and are continuing to be breadboarded under Hughes Aircraft's IR&D program. rables 
below show the breadboarded test results. 
The following is a tabulation of the transponder breadboarding and the primary performance 
parameters that were tested and substantiated. 
Table 2.4.7-1. Band Solid State Breadboard Test Resillts 
Transletor 
2001 (MW-Mlcrmave  Semscnn- 
ductar Corp. ) 
200; (MSC) 
2N54t.3 (TRW) 
PN5483 (TRW) 
2N.5483 ( T R Y  
2 St.((es. MSC2001 and TRW 
2NMH3 
ComplrlL 10 watt module, two of 
.hove 
TAT205 IRCA) 
TA7205 (RC'A) 
TA720S (RCA) 
Extrapolsled lu watt matule.  
RCA TA72U5 (2) and 
MSCZUOI (21 
Table 2.4.7-2. Solid State Breadboard Test Results 
To perform subsystem breadboard tests and demonstrations the following components were 
added to the previous components listed to complete a basic (simplex) transponder. 
X-Band TWT and noise filter (TACTSAT) 
L-Band TDA preamp (ATS-E) 
a X-Band TDA (TACTSAT) 
The component breadboard is shown in Figure 2.4.7-2. Tests and demonstrations were performed 
to simulate ITV, Figure 2.4.7-3, ITV with monopulse, Figure 2.4.7-4, and PLACE, Figure 2.4.7-5. 
The following is a tabulation of the demonstrated performance for each. 

AM MTECT 
IF M O C E W R  
Monopulse signal 3mplitude Interference noted only at  0.32 
modulated on TV signal degree from boresite 
No interference with TV signal Monopulse error signale phase 
wit5 antenna beam on-axis mcdulated on TV signal 
!Go visible interference 
Figure 2.4.74. ITV with Monopulse Demonstration 
I X-Band coherent uplink L-Band uplink mixed to I 
X-Band uplink mixes to base- 
band 
baseband 
X-Band downlink modulated 
L with baseband L-Band do-mlink PM modulated with baseband data 
Figure 2.4.7-5. PLACE Demonstration 
2.4 PHASE C DEVELOPMENT 
2.4.3 TELEKETRY AND COMMAND ANTENNA 
Extensive model testing of alternative T&C antenna configurations has resulted in the 
selection of optimum spacecraft locations for both orbital and in-transit T&C coverage. 
The requirements for the T&C antenna system are near omnidirectional coverage during all 
phases of mission including in-transit, both before and after separation from the transtage, and in 
synchronous orbit. For normal telemetry data transmission and command reception the anticipated 
win from an omnidirectional antcnna provides sufficient link margin for satisfactory performance. 
1 lowever, the transmission of Environmental Measurements Experiments data at a higher bit rate 
illan telemetry and the reception of up to five simultaneous tones required for SAMOC/S;ZPPSAC 
operating indicate he need for a directional antenna to provide additional link gain. 
The s.ze of the vehicle ar?d the presence of the reflector preclude an analyiical solution of the 
antenna arrangement, therefore, a scale model test program was initiated to emp=rically iterate both 
the selection of radiating elements and their location on the spacecraft. The scale chosen was 1/10 
and a niodel was fabricated which could be altered to either the deployed or s t o ~ e d  configuration 
(with or without transtage). 
The niodel was used to obtain pattern measurements for several alternate configurations of aft 
mounted turnstile, solar platform mounted orthogonal monopole, and EVM mounted monopoles 
and turnstile arrangements. Comparative analysis of the data was used to  select the proposed 
launch, ascent antenna configurdtion consisting of a 4element turnst'!e located on the EVM. This 
antcnna in the stowed configuration provides omnicoverage when attached and separated from the 
transtage. Also when in the deployed configuration, the antenrd provides a feed for the 30-foot 
parrtholic retlector resulting in a focused forward lobe in a cone of approximately 24 degrees for 
transmission of EM€ data and reception of multiple tone commands. The on-orbit antenna was 
selected to bc a set of orthogonal monopoles located or. the north so ir platform's outboard edge 
ploviding near omnicoverage with sufficient gain for telemetry tra~rsmission and command 
reception in the event of a spacecraft malfunction causing a r a ~ d o m  attitude orientation. 
Typical patterns are shown in Figures 2.4.8-1. 2.4.8-2, and 2.4.8-3 for the launch-ascent omni, 
the on-orbit omni, and the on-orbit high gain antenna. The patterns obtained and the associated 
gain measurements for the various configurations are included in Section 5 of Volume IG and 
summarized below for the proposed configurations: 
Table 2.4.8-1. T&C Antenna Perforrna~ce 
On-orbit omni antenna TLM 
CMD 
High p i n  a n t e n ~ a  TLJI 43 dB to  +S dB ( C I l D  / i-0 d B t o  * d B  
Gain 
~ 1 3 . 7  dB minimum 
-10 d B  minimum 
Iaunch ascent c nni  an tema 
TL3I &3 CJID 
Cove rage 
-10 dB minimum 
20 degree cone 
20 degree cone 
9= oO 
1512 MHz 
Figure 2.4.8-1. Launch Ascent 
9= 0. 
1512 MHz 
Figure 2.4.8-2. On Orbit 
9 = oO 
1512 MHz 
Figure 2.4.8-3. High Gain 

Initial test results made it apparent that control of vertical, horizontal, and torsional moments 
of inertia and long wave buckling properties was required. Nine parameters can be varied to 
optimize the design: 
Chamber radius from root to  tip 
Width (arc length) of rib from mot to  tip 
Width of outer edge (longitudinal grid stiffening from root to  tip) 
Thickness of outer edge (longitudinal grid stiffening from root to tip) 
Width and gage thickness of center (longitudinal stiffening from root to tip) 
Spacing of vertical stiffeners 
Slope of vertical stiffeners (controls effective bending stress value) 
Gage of vertical stiffeners 
Gage of stiffened curved shear panels 
The results of the development tests, presented in Table 2.4.9-1, indicate that ribs B and C exhibit 
close to the required structural propenies. 
Table 2.4.9-1. Analytical and Test Rib Frequencies 
'5m n b  elrct! orncsr 
i a ' u  aVM rl!? to!s gnat tasl8a '! ( ? r ~ ! c C  YDSI' b m l  
.';,.,., - :. - lu iana  m t r n  d ~ a p m m  slilI,err 
Resonant Frequency Evaluations 
' R I ~  k Y r 1 ~ 1 1 m  
r 8 m t  
.wounds, 
C l l C u l l l M  U h  
cw M La121  
Mt HZ 
TCI! F i t g y n : ~  
R . b  Re!itc!ol 
k p m t  HZ 
An analytical and experimental evaluation of the rib and reflector frequency was used to 
determine the adequzcy of the various rib designs. A lumped parameter analysis of a parabolic rib 
with torsion constrained was used to  estimate the "upper bound" on the rib frequency as presented 
in Tablc 2.4.9-1. This anaiytical freqzency provided an indication of the reflector yaw frequency 
that would occur if the mesh constrained rib twisting. The fundamental bending-torsion frequency 
of the cantilevered rib was measured and used to evaluate the efficiency of the rib configuration. 
The uncoupled and unconstrained frequencies of the various rib designs indicate the advantages of 
the tappered and grid stiffened design. Subsequent tests of a 3-rib segment, that simulated the mesh 
stiffening effects, indicated that a reflector yaw frequency in the range from 1.5 to 2.3 Hz wculd be 
obtained for the "C" rib configuration. Using the "C" rib, and an effective mesh stiffness of 1 
percent, the specification minimum frequency of 1.5 Hz in yaw can be exceeded. 
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Many tests have been conducted to verify the integrity of the mesh. The structural, thermal and 
transparency properties given below have been performed on many coupons from mesh rolls used in 
flight qualified reflectors. The existing test data has been significantly augmented during Phase C 
with additional testing to verify the integrity of the mesh for the ATS F&G mission life. These tests 
are briefly summarized below. Note that some tests are continuing. 
Flexive tests to date have shown no loo r 
effective flaking of the silicone coati.~g 
on the copper. These tests are contin- 
uing. Previous LMSC tests have shown 
no changes in R F  characteristics after 1 
twelve furl-unfurl cycles. The GE re- ;Z \ 1 
flector specification limits the flight ; 96 '. 
units t o  eight furl-unfurl cycles. Figure 
2.4.9-8 gives measured reflectivity ver- I 
sus frequency. At 8.3 GHz frequency 
Li 
I 
98 percent reflectivity is attained. I 
Tests to date have shown no visible 
effects due to exposure t o  various 
I 
percentages of hydrogen sulfide up to  I 
twice the level anticipated at Eastern ' 1  I I J 
Test Range. Tests are continuing with 90 0 10 20 
H2S and tests will also be run with FREQUENCY (GHzl 
sulphur troxide. Figure 2.4.9-8. Reflectivity Versus Frequency 
The problems of propulsion subsystem propellant and exhaust vapor compr.tibility have 
been studied. The relative locations of tanks and stowed reflector (15 feet apart) make 
direct contact of hydrazine on the reflector highly improbable. In flight, the exhaust 
nozzles are pointed 90 degrees t o  the reflector and are 6 feet away from the mesh. The 
decomposition products of hydrazine are ammonia, nitrogen, and hydrogen. These will not 
recombine to  form hydrazine under the conditions in orbit. It  is recognized that mylar is 
dissolved by hydrazine. However, if undecomposed hydrazine contacts the mesh it must 
first condense on the mesh and pass through the silicone protective film and then through 
the copper coating. Copper is a catalyst for the decomposition of hydrazine. Since the 
vapor pressure of  hydrazine at 80°F is 0.3 1 psia the possibility of hydrazine condensing on 
the mesh is very unlikely. Presently, tests are being conducted by both LMSC and 
Hamilton Standard on the effects on the mesh from the exhaust of a hydrazine engine. 
vapor pressure of  hydrazine at  80°F is 0.3 I psia the possibility of hydrazine condensing on 
the mesh is very unlikely, In orbit temperatures of the mesh varies from -330°F t o  
+120° F. At these temperatures any hydrazine impinging on the mesh will be solidified azd 
will sublimate off very quickly. Hydrazine sublimates a t  - 180°F in synchronous orbit 
(vapor pressure - 10- 8 tcsrr), and will not liquify at temperatures less than 1800°F. 
Presently, tests are being conducted by both LMSC and Hamilton Standard on the effects 
on the mesh from the exhaust of a hydrazine engine. 
Mesh samples have been exposed in a dessicator t o  ammonia vapor at one atmosphere 
pressure for one hour and showed no change in physical or  optical properties. 
Damping and diagonal stiffness characteristics were determined on a model section of  
reflector mesh. The data indicated that frictional damping occurred giving large amplitude 
damping from 10 to  20 percent of critical. For small amplitude r ~ t i o n s  which do  not 
cause slippage in the mesh, material damping will apply. Diagonal stiffness measurements 
indicated that the equivalent diagonal stiffness will be between 0.4 and 1.9 percent of the 
tangential stiffness. This stiffness is sufficient t o  provide a fundamental reflector yaw 
mode frequency greater than 1.6 Hz. 
Radiation test on mesh samples (by NASACroddard) indicate that radiation doses in 
excess of  anticipated, do not change the strength of the material to  unsatisfactory levels. 
Ultraviolet exposure test were conducted to obtain data on physical property 
retentior, data on the dacron mesh. Six samples of the mesh were exposed to 
ultraviolet radiation a t  the following conditions: 
Average Temperature + 1 1 5 " ~ ~  
Average Pressure 1 (10)- Torr  
Average Intensity 3.7 EUVS 
Where EUVS is the equivalent ultraviolet sun(s) below 0.4 microns. An intensity 
of 1 EUVS (12.6 mw cm-2) is the integrated irradiance from the sun below 
0.4 microns outside the earth's atmosphere a t  a distance of 1 AU from the sun 
(the mean orbital radius of the earth about the sun). 
Table 2.4.9-2 shows the type of samples tested, the total hours of irradiation, and 
the estimated number of EUVS hours (E UVSH) of exposure. 
Table 2.4.9-2. Total Exposure and Sample Type 
t 
(2) Sample Type 
Copper Coated Ilacron 
(single filament in long 
direction) 
Copper Coated Dicron 
(doubla filament in long 
direction) 
Number of Samples Exposed 
Real Time Hours 
of Irradiation 
Unccated Dacron 
(singIe filament in long 
E UVSH of 
Irraclia tion 
1 
7 5 
1 
1 
1 
275 
1 
1 
1 
a 
2 83 
1 
1 
1100 
1 
1 
These samples were strength tested by NASA a t  GSFC. The results a r e  summarized 
in Table 2.4.9-3. From the measured degradation in-strength mode it is 
apparent that the use of this mesh for ATS F&G was questionable in its present 
state. Microscopic inspection has shown that the degraded samples all have 
imperfect copper coating indicating that the copper coating process must either 
be improved in Phase D o r  that an alternate mesh must be used. 
. A preliminary investigation d the use of Chromel-R metallic mesh for the 
reflector mesh has been completed I t  is concluded that Chromel-R can be used 
and offers the following advantages over the dacron mesh: 
a. Less sensitive to environmental exposures such as UV, hydranine, 
radiation, RT reflectivity loss and coating degradation with handling 
and deployment. 
b. Some mechanical properties such a s  stiffness and weight a re  more 
conducive to meeting reflector thermal distortion, structural stiffness 
and weight requirements. 
Some disadvantages do exist, however, and these can negate some of the advantages, 
Specifically, surface inaccuracies be tween ribs may be higher because of the 
biaxial characteristics of the Chromel-R mesh, which can cause a membrane 
paddle effect between ribs. This can increase the normal e r r o r s  due to  flats. 
Tending to add to this tendancy a r e  the effects of a higher coefficient of thermal 
expansion, higher a / € ,  and lower allowable preload forces. 
Table 2.4.9-3. Average Tensile, Yield and Elongation Values for Copper Coated 
Dacron Before and After UV Exposure 
i 
Ultraviolet radiation, 75 hr, single 
I st-d 
Ultraviolet radiation, 283 hr, single 
strand 
100% ultra dry nitrogen, 24 hr,  single 
strand, control 
Ultraviolet radiation, 75 hr, double 
strand 
Ultraviolet radiation, 283 hr ,  double 
s t?:and 
Ambient storage, double strand, control 
Yield 
h a d  
(lb) 
0.20 
0.19 
0.21 
0.53 
0.52 
0.58 
Yield 
Stress 
(psi) 
7100 
6800 
7500 
9460 
9280 
10,300 
Max. 
b a d  
( ~ b )  
0.33 
0.29 
0.66 
0.67 
0.63 
1.28 
% Load 
Lost 
5 0 
5 6 
- 
4 8 
51 
- 
Ult.Tens. 
Str. 
11,700 
10,400 
23,600 
11,900 
11,200 
22,900 
Total 
Elong 
(74) 
15 
10 
37 
29 
25 
52 
Elong 
Lost 
(%I 
60 
7 3 
- 
44 
5 2 
- 
Plastic 
Elong 
(96) 
12 
6 
34 
13 
7 
40 
2.4 PHASE C DEVELOPMENT 
2.4.10 INTERFEROMETER BREADBOARD 
Extensive 1~r:adboard testing of the interferometer antenna, data processor and R F  
components has demonstrated the feasibility of meeting the mission requirements with the 
proposed d3ign. 
- 
The Interferometer Phase C Test Program addressed those areas considered crucial t o  
achieving the goal of providing a light weight, precise RF attitude reference. The critic21 areas 
investigated were: 
1 .  Demonstrate that adequate isolation (>36 dB) could be maintained between the reference 
and coarse antennas. 
2. Demonstrate thht adequate rejection of interfering signals from the 30-foot reflector can 
be achieved. (>30 dB). This was discussed in Section 2.4.1. 
3. Establish the availability of an X-Band, high speed (< lpsec) switching device with 
extremely low differential phase change (< 1.4 degrees) and high isolation (>40 dB). 
4. Demonstrate tlie feasibility sf a precision, time shared digital phase measurement system. 
The test program was designed to obtain data relative to the above considerations, and to 
demonstrate a working model of the end-to-end Interferometer so as t o  confirm the overall 
performance parameters and establish interface criteria. 
RF SWITCH TESTS 
A PIN diode and latching ferrite circulator type RF switch were evaluated. The PIN diode 
switch (Microwave Associates MA-8317-2XID) was selected because it provided the best 
performance, was the lightest and was available in a prototype mechanical package. RF 
characteristics and phase measurements werz made t o  establish the long term performance of the 
switch. The results are summarized below: 
ANTENNA TESTS 
Full scale antenna elements were designed, fabricated and mounted t o  a flat plate 
approximation of the EVM mounting surface. Patterns, gain, and horn-to-horn coupling were 
evaluated far  various RF fencing and decoupling technique. Double rows of 0.5-inch RF fence 
posts properly spaced around the horns provided greater than 37.7 dB of isolatini! between adj-cent 
antenna elements, and reduced back lobe energy in the 90 degree cone of interest (back lobe region 
which illumindtes the 30-foot dish) by I0 to  15 dB. Patterns and gain were: then verified on a fuil 
scale EVM r~lockup, showing excellent correlation. 
Table  2.4.10-1. Pin  Diode RF Switch PerEormance 
- 
P a r a m e t e r  
Inser t ion  Loss  
Isolation 
Switching t i m e  
Differential P h a s e  Change 
Measu red  Value 
0.4 dB 
56 dB 
10 nanoseconds 
0.7 d e g r e e s  
Required Value 
0.5 dB 
40 dB 
1 second 
21.4 degrees  

